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THEORETICAL STABILITY DERIVATIVES FOR 
ALRPLANE AT SUPERSONIC AND HYPERSONIC 
A COMPARISON W I T H  WIND-TUNNEL 
By Harold J. Walker and Chester 
SUMMARY 
THE x-15 RESEARCH 
SPEEDS INCLUDING 
RF,SCLTS* 
H . Wolow i c  z 
The s t a b i l i t y  and cont ro l  der ivat ives  f o r  t h e  X - 1 5  research a i rp lane  
i n  power-off f l i g h t  at supersonic and hypersonic Mach numbers are pre- 
sented, both as derived from ex i s t ing  t h e o r e t i c a l  methods and a s  measured 
i n  various wind-tunnel f a c i l i t i e s .  Calculations are made f o r  Mach numbers 
wi th in  and beyond the estimated f l i g h t  envelope and f o r  angles of a t t ack  
from 00 t o  2 5 O .  The r e s u l t s  are compared with experimental da ta  i n  t h e  
Mach number range from 2 t o  approximately 7 and, f o r  t h e  s t a t i c  deriva- 
t i v e s ,  with the  l imi t ing  values given by Newtonian theory. 
I n  general ,  good approximations of the longi tudina l  and l a t e r a l -  
d i r e c t i o n a l  der iva t ives  are obtained when ca re fu l  a t t en t ion  i s  given 
t o  the shock- and vortex-interference e f f e c t s  between t h e  various a i r -  
plane components and t o  the increasing nonl inear i ty  of t h e  aerodynamic 
coe f f i c i en t s  as hypersonic speeds w e  approached. The cha rac t e r i s t i c s  
of t h e  l i f t i n g  surfaces  are calculated by the  modified hypersonic s m a l l -  
disturbance theory proposed by Van Dyke, and those f o r  t h e  fuselage,  by 
t h e  second-order shock-expansion method. The r e s u l t s  of these  methods 
are subsequently employed i n  conjunction with slender-body and l i n e a r  
theory f o r  ca lcu la t ion  of t h e  s t a t i c  and r o t a r y  der iva t ives .  
d i r e c t i o n a l  der iva t ives ,  although l imited t o  s m a l l  s i d e s l i p  angles, are 
determined f o r  combined s i d e s l i p  and angle of a t t ack .  
The l a t e r a l -  
The r e s u l t s  of t h e  ana lys i s  indicate  t h a t  t h e  X-15 a i rp lane  i s  
s t a t i c a l l y  stable i n  p i t ch  and yaw t o  Mach numbers wel l  i n  excess of i t s  
design limits, and t h a t  t h e  degree o f  s t a b i l i t y  increases  subs t an t i a l ly  
with increasing angle of a t t ack  at hypersonic speeds. The d ihedra l  
e f f e c t  a t  these  speeds, on t h e  other hand, exh ib i t s  an unstable  t rend,  
and thus  ind ica tes  a possible  dynamic i n s t a b i l i t y  at high mgles of 
a t t ack .  The calculated longi tudinal  c h a r a c t e r i s t i c s  are f o r  t he  most 
vitle, Unclassified.  
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p a r t  i n  close accord w i t h  the  r e s u l t s  from wind-tunnel tests. 
and d i rec t iona l  c h a r a c t e r i s t i c s  agree w e l l  w i t h  wind-tunnel data i n  the  
lower angle-of-attack range; however, due t o  an interference of t h e  bow 
shock wave on t h e  lower v e r t i c a l  t a i l  and o ther  e f f e c t s  not accounted f o r  
i n  the theory, some disagreement i s  found a t  high angles of a t tack .  
The l a t e r a l  
The r e s u l t s  from simple Newtonian theory i n  general  are s u b s t a n t i a l l y  
lower than the t rends indicated by the  hypersonic small-disturbance and 
shock-expansion methods. 
INTRODUCTION 
H 
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An adequate and r e l i a b l e  ground simulat-Jn of the f l i g h t  character-  
i s t i c s  of hypersonic a i r c r a f t ,  i n  view of t h e  wide range of f l i g h t  con- 
d i t i o n s  encountered throughout a t y p i c a l  design mission, necess i ta tes  a 
r a t h e r  comprehensive determination of t h e  aerodynamic c h a r a c t e r i s t i c s  
of such vehicles i n  t h e  e a r l y  design s tages .  Wind-tunnel and b a l l i s t i c -  
range f a c i l i t i e s  normally provide the  bulk of t h i s  information; however, 
theore t ica l  methods a re  a l s o  employed as a r a t i o n a l  basis f o r  design of 
the  vehicle and as a means f o r  extrapolat ing t h e  known c h a r a c t e r i s t i c s  
t o  untested and unexplored regions. 
a new vehicle configuration proceeds from t h e  i n i t i a l  design t o  t h e  f i n a l  
f l i gh t  stage. 
Thus, each complements t h e  other  as 
The X-15 research a i rp lane  has been extensively t e s t e d  i n  various 
NASA and other  wind-tunnel f a c i l i t i e s ,  employing models which i n  many 
cases are near ly  exact r e p l i c a s  of t h e  f i n a l  design configuration ( r e f s .  1 
t o  4 ) .  A subs tan t ia l  amount of der iva t ive  da ta  therefore  has been 
assimilated which encompasses most of t h e  o v e r a l l  f l i g h t  envelope pro- 
posed f o r  t h e  X- lc j  research program. Although t h e  der iva t ive  coverage 
i s  f a i r l y  comprehensive i n  t h e  subsonic and lower supersonic speed 
ranges, it i s  incomplete above a Mach number of 3.5 and does not extend 
beyond the performance l i m i t  estimated t o  be i n  t h e  v i c i n i t y  of 6 .5 .  
Theoretical  methods, therefore ,  may be appl ied t o  f i l l  t h e  remaining 
gaps and t o  extrapolate  the  present r e s u l t s  t o  Mach numbers beyond 6.5 
i n  order that  the  c h a r a c t e r i s t i c s  of a vehicle  of t h i s  type may be s tudied 
i n  an extended speed range. 
t h i s  needed information through appl ica t ion  of various ava i lab le  methods 
of analyses, and t o  assess t h e  accuracies and l i m i t a t i o n s  of t h e  methods 
by comparison wi th  t h e  ava i lab le  experimental data .  
Th i s  paper i s  undertaken t o  supply, i n  p a r t ,  
A brief descr ipt ion of t h e  a i rp lane  i s  given i n  t h e  following sec- 
t i o n ,  and a l i s t  of symbols used throughout the analyses i s  presented 
i n  t h e  appendix. 
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DESCRIPTION OF THE AIRPLANE 
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The X-15 a i rp lane  i s  a rockst-propelled midwing configuration, 
employing low-aspec$-rat+o ?:percent-thick wing and h o r i z o n t a l - t a i l  sur-  
faces  as i l l u s t r a k e d  i n  f igure  1. The hor izonta l  t a i l  i s  swept back and, 
i n  order t o  provide s u f f i c i e n t  clearance from t h e  wing wake a t  low angles 
of a t tack ,  i s  mounted a t  a dihedral angle of - 1 5 O .  To ensure adequate 
d i r e c t i o n a l  s t a b i l i t y  throughout the  f l i g h t  envelope, l a r g e  upper and 
lower v e r t i c a l  t a i l s  with loo wedge sections are incorporated. The con- 
t r o l  port ion of t h e  lower panel i s  je t t i sonable  t o  provide ground c lear -  
ance during landing. 
liquid-oxygen tanks i n  t h e  midsections which necess i ta te  the  addi t ion of 
ex terna l  triangular-shaped side f a i r i n g s  t o  house t h e  various control  
systems. 
The fuselage i s  composed of la rge  i n t e g r a l  f u e l  and 
Aerodynamic control  i n  p i t c h  and r o l l  i s  obtained through symnetric 
and d i f f e r e n t i a l  var ia t ions  of t h e  t a i l p l a n e  incidence, and i n  yaw by 
r o t a t i o n  of t h e  outboard panels of the upper and lower v e r t i c a l  surfaces.  
For maneuvering i n  regions of low dynamic pressure,  j e t  reac t ion  controls  
a r e  i n s t s l l e d  i n  the  nose of t h e  fuselage f o r  p i t c h  and yaw control  and 
near both wing t i p s  f o r  r o l l  control.  
Table I out l ines  t h e  geometric c h a r a c t e r i s t i c s  of the  airplane.  
SCOPE OF THE INVESTIGATION 
The airplane disturbances i n  general a r e  assumed t o  be small, there-  
f o r e  t h e  longi tudinal  and la te ra l -d i rec t iona l  modes may be t r e a t e d  inde- 
pendently. In  t h e  following presentation t h e  various der ivat ives  are 
grouped under the  two general  categories of longi tudinal  or  l a t e r a l -  
d i r e c t i o n a l  der ivat ives .  These categories, i n  tu rn ,  a r e  f u r t h e r  sub- 
divided i n t o  s t a t i c ,  rotary,  and control der iva t ives .  Calculated r e s u l t s  
are presented f o r  each der ivat ive,  followed by a b r i e f  discussion of t h e  
s ignif icance and accuracy of the resu l t s .  
throughout t h e  analysis ,  and ranges of Mach number from 2 t o  12 and angle 
of a t t a c k  from Oo t o  a re  considered. 
A r i g i d  airframe i s  assumed 
The analysis  i s  r e s t r i c t e d  t o  power-off f l i g h t .  Power e f f e c t s  are 
not necessar i ly  negl igible ,  however, p a r t i c u l a r l y  under conditions where 
t h e  j e t  exhaust i s  highly underexpanded and extensive pluming may occur. 
Some possible  e f f e c t s  of je t  pluming on a i rp lane  s t a b i l i t y  and control  
are considered i n  references 5 and 6. 
Resul ts  of extensive wind-tunnel tests made with s c a l e  models of 
t h e  X-15 provide the  best avai lable  c r i t e r i a  f o r  judging t h e  accuracy of 
4 
1, 4 
0 .  0 . .  . ... . . . 0.. 0 .  
0 .  0 .  e .  . . 0 .  . 0 .  . 
0 .  0 .  0 .  
0 .  0.. . . . 
the theore t ica l  methods employed. Comparisons therefore  a r e  made i n  
each case with data  derived from t h e  following sources: 
Mach number [ F a c i l i t y  
I 
I 
1 . 4 1  t o  2.01 
1.55 t o  3.50 
2.29 t o  4.65 
6.86 
Langley 4- by 4-foot mpersonic 
Ames Unitary Plan tunnel 
' Langley Unitary Plan tunnel 
Langley 11-inch hypersonic tunnel  
pressure tunnel  
1 
Reference a 
1 
2 
3 
, 
4 
Wind-tunnel data f o r  Mach numbers grea te r  than approximately 7 are not 
available at present.  Table I1 presents  d e t a i l s  of the models, which i n  
a l l  cases were near ly  exact r e p l i c a s  of the  f i n a l  design configuration. 
. 
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DISCUSSION OF FLOW FIELDS 
I n  the  following analysis ,  frequent reference i s  made t o  various 
interference e f f e c t s  a r i s i n g  from the shock waves and flow f i e l d s  gen- 
e ra ted  by t h e  various a i rp lane  components. 
and c o n t r o l l a b i l i t y  are i n  general  markedly affected,  a b r i e f  introductory 
descr ipt ion of these e f f e c t s  preceding the  d e t a i l e d  der iva t ive  ana lys i s  
w i l l ,  it i s  believed, permit a c l e a r e r  and more order ly  presentation. 
More extensive treatments may be found i n  references 7 t o  11. 
Since t h e  a i rp lane  s t a b i l i t y  
Interference a t  high Mach numbers may arise from a number of sources, 
among which are t h e  fuselage bow wave (including the  canopy and s ide-  
f a i r i n g  shocks), the shock compression and expansion f i e l d s  from t h e  
wing and t a i l  surfaces,  the  downwash and sidewash induced by t h e  wing, 
and from the vor t ices  generated by t h e  fuselage.  These in te r fe rence  
f i e l d s  are  i l l u s t r a t e d  i n  sketches (a) and (b )  presented on t h e  following 
page. 
t r a t e d  in  f igure  2 i n  the form of shadowgraphs of a small f r e e - f l i g h t  
model tes ted  a t  t he  NASA Ames Research Center. 
The shock waves that  occur a t  a Mach number of 6 are a l s o  i l l u s -  
. 
H 
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WING-COMPR 
Side view 
Sketch (a) .  
5 
BODY UPWASH 
NTERFERENCE 
Plan view 
Sjeici i  ("u) . 
............... ....... . . . . . . . . . . . . . . . .  . . . . . . . . . . . . . . . . . .  .. 0 .  0 . .  ... ........ 
. *  
6 
.-.e - 
The order of magnitude of the dynamic-pressure loss  from t h e  X-15 
bow shock i s  given i n  f igure  3 i n  terms of t h e  r a t i o  of downstream t o  
free-stream dynamic pressure.  The r e s u l t s  shown were calculated with 
the  aid of Schlieren photographs of  the  bow-wave angles from reference 5 
and the shock tables i n  r e f e r e n w  12, assuming t h e  downstream flow a f t e r  
passage through the shock wave t o  rxpznd i s e n t r o p i c a l l y  u n t i l  t h e  s t a t i c  
pressure again reaches t h t  f rL’ t i - s t r t?y im value. 
t h i s  point, however, i s  1k’ss t h a n  the free-stream value, hence t h e  lift- 
curve slopes of the  downstream surfvces a r e  increased. This increase 
tends t o  compensate i n  par t  f o r  the l o s s  i n  dynamic pressure as shown 
a l s o  i n  f igure  3 by t h e  r a t i o  of the product of dynamic pressure and 
l i f t -curve  slope i n  the downstream and free-stream regions. This r a t i o ,  
designated as Q, i s  applied hereaf te r  as a correct ion f a c t o r  f o r  t h e  
l i f t i n g  effect iveness  of the t a i l  surfaces a t  low angles of a t tack .  The 
bow wave, it i s  observed, crosses the  wing a t  the  higher Mach numbers 
such t h a t  some port ions of t h e  wing l i e  i n  t h e  region of e s s e n t i a l l y  
unexpanded flow immediately behind t h e  shock, as w e l l  as i n  the  highly 
expanded flow a t  the  fuselage juncture.  In  the  v i c i n i t y  of the  shock 
wave the product i s  considerably grea te r  than t h e  free-stream 
The l o c a l  Mach number a t  
value, whereas near the  body it i s  l e s s  than t h i s  value. 
t h e  fac tor  
unity.  The average value i s  assumed t o  be uni ty .  
A s  a r e s u l t ,  
Q f o r  t h e  wing var ies  between values g r e a t e r  and less than 
The wing, as shown i n  the  foregoing sketches, generates shock com- 
pression and expansion f i e l d s  which give rise t o  pronounced changes i n  
l o c a l  Mach number, dynamic pressure,  and downwash, a l l  of which may a l t e r  
subs tan t ia l ly  the  c h a r a c t e r i s t i c s  of t h e  t a i l  surfaces.  The interference 
of these f i e l d s  with t h e  horizontal  t a i l  i s  l a r g e l y  avoided on t h e  X-15 
by locat ing the t a i l  surface near t h e  extended wing plane but with s u f f i -  
c ien t  dihedral  angle t o  c l e a r  t h e  wake a t  low angles of a t tack .  
incidence s e t t i n g s  of t h e  horizontal  t a i l ,  however, w i l l  place some sec- 
t i o n s  of t h e  t a i l  within t h e  bounds of these  shock f i e l d s ,  and t h e  sta- 
b i l i z e r  effect iveness  w i l l  be correspondingly a l t e r e d  depending upon 
incidence angle, angle of a t tack ,  and Mach number ( r e f .  10). 
c a l  t a i l s  a r e  s imi la r ly  a f fec ted  by t h e  changes i n  l o c a l  dynamic pressure 
and Mach number due t o  both compression from t h e  lower wing surface and 
expansion from t h e  upper surface.  A s  shown i n  a subsequent section, these 
e f f e c t s  a r e  of prime importance i n  evaluat ing t h e  d i r e c t i o n a l -  and l a t e r a l -  
s t a b i l i t y  c h a r a c t e r i s t i c s  a t  high Mach numbers. 
Large 
The v e r t i -  
Immediately downstream of t h e  wing t r a i l i n g  edge a small region of 
upwash may be expected a t  high Mach numbers as a r e s u l t  of t h e  expansion 
of t h e  flow f i e l d  from t h e  lower wing surface (refs.  8 and 13) .  
upon Mach number, angle of a t tack ,  wing thickness,  and proximity of t h e  
t a i l ,  t h i s  l o c a l  upwash could exert  a not iceable  e f f e c t  on t h e  l i f t  of 
t h e  horizontal  ta i l .  In  t h e  present appl icat ion,  t h e  l a r g e  sweep of t h e  
t a i l  i n  r e l a t i o n  t o  t h e  wing and t h e  extreme slenderness of t h e  wing and 
s t a b i l i z e r  p r o f i l e s  minimize these  e f f e c t s ,  and s i g n i f i c a n t  upwash e f f e c t s  
a r e  expected only at high angles of a t t a c k  i n  t h e  high Mach number rarlge. 
Depending 
T ....... ............... . . . . .  .. . . . . . .  .. . . . .  .. ........ .. : :. ..... 7 
I n  a l i f t i n g  a t t i t u d e ,  the fuselage generates vor t ices  along i t s  
length,  similar t o  those shown i n  the  sketches, which eventually merge 
i n t o  a p a i r  of separated vortex filaments o f f s e t  from t h e  surface of 
the fuselage.  A s  pointed out i n  references 10 and 14, these vor t ices  
of ten  induce s izable  downwash and sidewash i n  the region of the  t a i l ,  
depending upon angle of a t tack  and the loca t ion  of t h e  t a i l  surfaces.  
Although the  point  of separation from t h e  body moves toward the nose 
w i t h  increasing angle of a t tack ,  the  c r i t e r i a  of references 10, 11, and 
1-5 indicate  t h a t  f o r  low angles of a t tack t h i s  separation point on t h e  
X-15 should occur j u s t  upstream from the wing leading edges. 
t h e r e a f t e r  the vor t ices  en ter  the  expansion f i e l d  from t h e  wing and are 
bent i n  the  d i r e c t i o n  of l o c a l  flow. It i s  believed, therefore ,  t h a t  the 
departure of t he  vor t ices  from the  fuselage i s  wel l  below t h e  t i p  of t h e  
v e r t i c a l  t a i l  a t  moderate angles of a t tack (below l5O). With the  horizon- 
t a l  t a i l  located i n  a r e l a t i v e l y  low posi t ion i n  the  pos i t ive  angle-of- 
a t t a c k  range and w i t h  the v e r t i c a l  surfaces close t o  the  wing, s m a l l  
departures w i l l  exer t  r e l a t i v e l y  l i t t l e  influence on e i t h e r  the  longi- 
tud ina l  o r  l a t e r a l - d i r e c t i o n a l  s t a b i l i t y  of the X-15. A t  high angles 
of a t t a c k  t h e  effect iveness  of the upper v e r t i c a l  t a i l  i s  so reduced by 
the  wing-expansion f i e l d  and the  horizontal  t a i l  so far removed t h a t  
vortex interference again becomes a negl igible  f a c t o r .  A more complete 
descr ipt ion of t h i s  e f f e c t  i s  given i n  a l a t e r  sect ion.  The e f f e c t s  of 
the  body vor t ices ,  therefore ,  a r e  disregarded i n  t h e  present analysis .  
Shortly 
Wing-vortex interference i s  confined e s s e n t i a l l y  t o  the regions 
inside t h e  downstream Mach cones f r o m t h e  t i p s ,  t h e  wing leading edges 
being supersonic i n  t h e  range of Mach numbers considered. Because of 
t h e  r e l a t i v e  proximity of the  wing and horizontal  t a i l ,  these t i p  cones 
f o r  Mach numbers grea te r  than about 4 in te rcept  only minor regions of 
t h e  hor izonta l  t a i l  near the  t i p s ,  and hence may be neglected. Below a 
Mach number of 4, t h e i r  e f fec t  on the  l o c a l  downwash angle a t  the  t a i l  
should be taken i n t o  account. 
Sketches (a) and (b) a l s o  indicate  regions of mutual interference 
between adjacent components of t h e  airplane,  such as those of l i f t  carry- 
over from t h e  wing and t a i l  surfaces onto t h e  fuselage,  and of body- 
induced upwash across  the wing span. 
i s  deferred t o  t h e  subsequent sections.  
The descr ip t ion  of these  e f f e c t s  
PRESENTATION OF RESULTS 
The longi tudinal  der ivat ives  a re  r e f e r r e d  t o  the s t a b i l i t y  axes 
I f  \ siiowii i i i  rigurt: 4\aj an6 are presented i n  the  next sect ion i n  tne  foi- 
lowing order : 
............... e e.. e. . . . . . . . . . . . . . . . .  
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Figure 
L i f t . . . . . . . . . . . . . . . . . . . . . . . . . . . .  5 t o  10 
Pitching moment . . . . . . . . . . . . . . . . . . . . . .  9, 11 t o  16 
Longitudinal control  . . . . . . . . . . . . . . . . . . . .  17 t o  20 
D a m p i n g i n p i t c h .  . . . . . . . . . . . . . . . . . . . . .  2 1 t o  24 
The body-axis system i n  f igure  4(b) i s  used f o r  the  lateral-  
d i rec t iona l  der ivat ives  which are presented as follows: 
Figure 
S i d e s l i p .  . . . . . . . . . . . . . . . . . . . . . . . . . .  25 t o  33 
Yawing. . . . . . . . . . . . . . . . . . . . . . . . . . . .  34 t o  39 
Rolling . . . . . . . . . . . . . . . . . . . . . . . . . . .  40 t o  45 
Directional control  . . . . . . . . . . . . . . . . . . . . .  46 t o  48 
Latera l  control  . . . . . . . . . . . . . . . . . . . . . . .  49 and 50 
ANALYSIS AND DISCUSSION OF LONGITUDINAL DERIVATIVES 
The following sect ion presents  an analysis  and discussion of t h e  
l i f t ,  pitching moment, longi tudinal  control,  and pitch-damping character-  
i s t i c s  both as derived from theory and as measured i n  t h e  wind-tunnel 
tes ts  previously described. 
L i f t  Charac te r i s t ics  
The lift f o r  t h e  complete a i rp lane  i s  calculated by t h e  method of 
reference 16, i n  which t h e  t o t a l  l i f t  i s  considered i n i t i a l l y  t o  be t h e  
sum of the individual l i f t s  of the exposed wing and h o r i z o n t a l - t a i l  sur- 
faces  and of the  fuselage, each t r e a t e d  as an i s o l a t e d  body. 
l i f t s  are then added which represent correct ions f o r  the in te r fe rences  
t ha t  arise when the  components are placed adjacent t o  one another i n  t h e  
overa l l  configuration. The in te r fe rence  i s  reciprocal ,  consis t ing of 
reflection-plane and upwash e f f e c t s  on the wing due t o  the presence of 
the fuselage, and of the carryover l i f t  on the fuselage due t o  t h e  exposed 
t r ibu t ions  i n  accordance with the method of reference 16. 
t h e  hor izonta l - ta i l  surfaces a t  zero incidence (cont ro ls  f ixed)  are simi- 
l a r l y  derived. 
f o r  low and moderate angles of a t t a c k  a t  supersonic Mach numbers, but 
i t s  v a l i d i t y  i n  the  hypersonic range has not ye t  been establ ished.  
Extension of the method t o  angles of a t t a c k  g r e a t e r  than t h e  range of 
t h e  present study i s  considered i n  reference 17. 
Incremental 
wing and t a i l  panels. Both e f f e c t s ,  however, are t r e a t e d  as wing con- - 
The forces  on 
The method i n  general  has been confirmed experimentally 
H 
1 
4 
6 
9 
The procedure of reference 16 when appl ied t o  t h e  X - l 5  configuration 
leads  t o  the  following re la t ionship  f o r  a i rp lane  l i f t  coe f f i c i en t  
ST cos rT 
c ' , - J K ~  + K ~ ~ )  (. - 2) + c LB CL = - sw C'&(Km + KBW> + Q S S 
The K terms are the in te r fe rence  fac tors  which account f o r  t he  l i f t  of 
t h e  wing and the  hor izonta l  t a i l  i n  the presence of t h e  body, Km and 
Km, and f o r  t he  l i f t  of t he  body i n  the presence of t h e  wing and the  
hor izonta l  t a i l ,  Km and Km. The charac te r i s t ics ,  of t he  ind iv idua l  
components a r e  discussed fu r the r  i n  the following sect ions.  
Wing.- The f l ight  envelope f o r  the X-15 extends through the  t r a n s i -  -
t i o n a l  range from supersonic t o  hypersonic speeds, hence a method of 
ca lcu la t ion  su i t ab le  t o  both regimes is desired.  The uni f ied  supersonic- 
hypersonic small-disturbance theory proposed by Van Dyke i n  reference 18 
f o r  slender configurations appears t o  f u l f i l l  t h i s  need. According t o  
t h i s  method, t h e  r e l a t ionsh ips  developed f o r  hypersonic flow about s lender  
shapes i n  terms of the hypersonic s imi l a r i t y  parameter (Mach number x 
flow-deflection angle) are found t o  be v a l i d  a l s o  i n  t h e  realm of super- 
f low-deflection angle.  This modification i s  a l s o  discussed i n  reference 19. 
For determination of t h e  wing l i f t  cha rac t e r i s t i c s  i n  t h e  present ana lys i s ,  
t he  small-disturbance pressure coef f ic ien ts  given i n  reference 20 f o r  
compression and expansion a r e  employed but  wi th  t h e  s i m i l a r i t y  parameter 
modified as s t a t e d  previously. These coe f f i c i en t s ,  when compared with 
t h e  r e s u l t s  of shock-expansion theory, are shown i n  reference 21  i n  t h e  
unmodified form t o  y i e ld  accurate estimates of two-dimensional a i r f o i l  
l i f t  coe f f i c i en t s  a t  hypersonic speeds f o r  angles of a t t ack  up t o  25'. 
When appl ied t o  an inc l ined  f la t  plate ,  as t h e  wing and t a i l  surfaces  are 
assumed t o  be i n  t h e  present  analysis,  t h e  following r e s u l t  i s  obtained 
f o r  t h e  two-dimensional case 
sonic  l i n e a r  theory i f  the parameter is simply redefined as i - 1  x 
by t h i s  expression, as a goes t o  zero i s  found t o  reduce t o  t h e  familiar 
-r' 
lo 
, given by l i n e a r  theory.  Although the  i n i t i a l  slope 4 r e s u l t ,  
i s  iden t i ca l  t o  t h a t  given by l i n e a r  theory,  t he  v a r i a t i o n  of cn with 
angle of a t t ack  becomes increasingly nonlinear as Mach number i s  extended 
t o  the hypersonic range. This progressive change i s  i l l u s t r a t e d  i n  
f igu re  5 i n  which y i s  assumed t o  be  1 .4 .  The v a r i a t i o n  f o r  t h e  
l imi t ing  case of i n f i n i t e  Mach number reduces t o  the  parabola 
cn = (7  + l )u2.  
included f o r  comparison. 
t h e  Newtonian r e s u l t  when M --tm and y -1; t h a t  is ,  cn = 2u . Devia- 
t i o n s  o f  y from t h e  value of 1 . 4  assumed i n  t h e  present  ana lys i s ,  how- 
ever,  a re  believed on the  b a s i s  of t h e  r e s u l t s  of references 12 and 19 
t o  be small. 
q 2 - L  
The r e s u l t s  given by simple Newtonian theory a r e  a l s o  
It i s  observed t h a t  equation (2 )  reduces t o  
2 
As a means f o r  conversion from two-dimensional t o  three-dimensional 
l i f t  a t  hypersonic speeds, t h e  following approximation f o r  wing-tip 
e f f ec t s ,  based on l i n e a r  theory,  may be appl ied 
C '  
C ' N  = 'n 4 
(3) 
I 
\JM2 - 1 
I n  t h i s  expression i s  the  l i f t - cu rve  slope from l i n e a r  theory f o r  
t he  three-dimensional plan form, as given, f o r  example, i n  reference 22, 
and cn i s  given by equation ( 2 ) .  The l i f t  coe f f i c i en t  f o r  t h e  i s o l a t e d  
wing, neglecting the  s m a l l  chordwise fo rces  due t o  sk in  f r i c t i o n  and wave 
drag, therefore  becomes 
C ' &  
c'Lw = c" cos 
and tha t  f o r  t he  wing i n  the  presence of t h e  body (based on a rea  S ) ,  
'L, sw 
ch = (%B + KBW) 4 cn T cos 
(4) 
( 5 )  
JM' - 1 
Approximate values f o r  t h e  in te r fe rence  terms Km and KBW i n  equa- 
t i o n  ( 5 )  a r e  given i n  reference 16. 
by t h i s  equation f o r  t he  X-15 wing are shown i n  f i g u r e  6(a) .  
l i m i t  ( t ha t  i s ,  M = m, y = l), f o r  which KWB 3 1 and KBW -10, i s  seen 
The l i f t  c h a r a c t e r i s t i c s  pred ic ted  
The Newtonian 
am am. a. me m a .  m m m  ma 
m e a  m m m  m o m  m a  a m  m a  m a a m  m a  m m m  m m m  m a  m m m  m m m  m m m  m a  a m  
a m  m m m  ma 0.0 am 
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t o  be s u b s t a n t i a l l y  lower than r e s u l t s  given by the  hypersonic s m a l l -  
disturbance theory, l a r g e l y  because of t h e  difference i n  7 .  
Horizontal  t a i l . -  The lift c h a r a c t e r i s t i c s  of the horizontal  t a i l  
a t  zero incidence a r e  calculated by the same procedures described f o r  t h e  
wing, bu t  with addi t iona l  modifications included f o r  dihedral  angle ( see  
ref.  23). The fuselage-inducsd upwash at the t a i l  plane, however, i s  con- 
sidered t o  be negl ig ib le  due t o  the  proximity of the wing, and the term 
qB, corresponding t o  KWB i n  equation ( 5 ) ,  i s  therefore  uni ty .  The win@; 
downwash parameter d € / d u ,  as estimated from t h e  char t s  of reference 24, 
i s  found t o  be negl igible  beyond a Mach number of approximately 4. The 
lift curves f o r  t h e  horizontal  t a i l ,  based on t h e  reference area S and 
corrected fo r  the  dynamic-pressure loss Q from figure 3, are shown i n  
f igure  6(b)  together w i t h  the  Newtonian l i m i t .  
Fuselage.- L i f t  from the fuselage as described i n  reference 25 i s  
derived from both inv isc id  flow about t h e  body and from viscous cross- 
flow separation. For tne  present case t h e  inv isc id  l i f t  i s  believed t o  
be b e t t e r  approximated i n  the overal l  Mach number range by the second- 
order shock-expansion theory presented i n  reference 26, r a t h e r  than by 
the  slender-body p o t e n t i a l  theory employed i n  reference 25 The method 
of reference 26 i s  an extension o f  the generalized shock-expansion method 
of reference 27 f o r  bodies of revalution a t  s m a l l  angles of a t t a c k  and 
i s  believed applicable f o r  Mach numbers intermediate between those of 
the p o t e n t i a l  and generalized shock-expansion theor ies .  
t o  t h e  noncircular cross  sect ions of t h e  X-15,  t h e  r e s u l t s  from r e f e r -  
ence 26 have been mult ipl ied by a fac tor  equal t o  t h e  r a t i o  of the  a c t u a l  
plan-form area t o  t h a t  of an equivalent body of revolution having t h e  
same l o c a l  cross-sectional areas as the  present configuration. This 
approximation f o r  t h e  inv isc id  e f fec ts  (neglect ing chordwise forces)  
leads t o  t h e  re la t ionship  
For appl icat ion 
i n  which i s  obtained fro= reference 26 (appendix C )  and 
Total  fuselage plan-form area  
Plan-form area of equivalent body of revolution 
% =  
The slopes gii,ren hy the second -order shock-expansion theory, although 
derived f o r  vanishingly small angles of a t t a c k  (streamlines approximately 
~ 
1The uni f ied  supersonic -hypersonic small -disturbance method described 
i n  t h e  preceding sect ion t o  slender bodies a t  an 
angle of a t t a c k  i n  axial f 
12 
-. 
p a r a l l e l  t o  t h e  body meridian l i n e s ) ,  have been extended through t h e  
ove ra l l  angle-of-attack range. References 28 and 29 show t h a t ,  f o r  
slender bodies having e l l i p t i c  cross  sec t ions ,  t h e  r a t i o  of p o t e n t i a l  
lift for  t he  e l l i p t i c  body t o  t h a t  f o r  an equivalent c i r c u l a r  body i s  
equal t o  t he  r a t i o  of major t o  minor axes. This c r i t e r i o n  would lead 
(cLB) inv isc id  
t o  values of 
equation (6) . 
somewhat higher than those given by 
The l i f t  due t o  viscous crossflow i s  given by the  following r e l a -  
t ionship from reference 30 
( 7 )  
The term 
case of t he  forebody area only (ver tex  t o  wing leading edge approximately), 
s ince the wing and t a i l ,  i n  e f f ec t ,  block t h e  crossflow over t h e  remaining 
sections.  The term q i s  a correct ion f a c t o r  f o r  body-fineness r a t i o  as 
discussed i n  reference 30, and i s  an average crossflow drag coef f i -  
c i en t .  
appendix of reference 3 1  using the  experimental sec t ion  drag coe f f i c i en t s  
given i n  references 30 and 32 t o  34. For s impl ic i ty  i n  t h e  present  anal-  
y s i s ,  c‘ has been assumed t o  be constant at 1 .2  i n  t h e  o v e r a l l  Mach 
number and angle-of-attack ranges. Although confirmed experimentally f o r  
Mach numbers up t o  approximately 4 ( r e f .  29), t h e  v a l i d i t y  of t h e  pre- 
ceding method f o r  hypersonic flows i n  general  has not been es tab l i shed .  
k, the  plan-form a rea  of t h e  fuselage,  cons is t s  i n  the  present 
Ed C 
The la t ter  should be estimated by t h e  procedure suggested i n  t h e  
d C  
Newtonian theory has been appl ied i n  a simple, approximate manner 
by assuming t h a t  t he  X-15 fuselage may be represented from the  ver tex  
t o  a s t a t ion  immediately rearward of t h e  canopy by a c i r c u l a r  cone and 
over the remaining length by a cyl inder  of constant diamond-shaped cross  
sect ion similar t o  t h a t  of t he  combined fuselage and s ide  f a i r i n g s .  The 
re la t ionships  given i n  reference 13 then lead  t o  t h e  following expression 
f o r  fuselage l i f t  coe f f i c i en t  
cos 2 T~~ s i n  2a + - 2 cos*v s i n  
S 
The r e s u l t s  given by equations (6) t o  (8) are presented i n  
f i gu re  6 ( c ) .  
Airplane.- The combined r e s u l t s  from equations (1) t o  ( 8 ) ,  repre-  
senting t h e  l i f t  c h a r a c t e r i s t i c s  f o r  t he  complete a i rp l ane  (untrimmed), 
H 
1 
4 
t 
L 
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a re  shown i n  figure 7 f o r  the Mach number range from 2 t o  12 and f o r  the 
Newtonian l i m i t .  
showing t h e  e f f e c t  of Mach number on l i f t -curve  slope a t  severa l  angles 
of a t t ack .  
which charac te r izes  the t r a n s i t i o n  from supersonic t o  hypersonic Mach 
numbers. Thus t h e  l i f t - cu rve  slope a t  high angles of a t t ack  i s  seen i n  
f igu re  8 t o  diminish r e l a t i v e l y  l i t t l e  with increasing Mach number as 
compared t o  t h e  f ami l i a r  losses  associated w i t h  small angles. 
The component buildup i s  f u r t h e r  i l l u s t r a t e d  i n  f igu re  8, 
These f igu res  a r e  seen t o  r e f l e c t  the increasing non l inea r i ty  
The ca lcu la ted  r e s u l t s  a re  compared w i t h  wind-tunnel da ta  from 
references 1 t o  3 i n  f igu res  9 and 10 f o r  severa l  Mach numbers from 2.01 
t o  6.86 and f o r  angles of a t t ack  from 0' t o  2 5 O .  
tunnel  r e s u l t s  appear t o  be s l i g h t l y  underestimated, t h e  general  agree- 
ment i s  good. Some of t he  apparent discrepancy i s  due t o  an i r r e g u l a r  
va r i a t ion  of the z e r o - l i f t  in te rcepts  among t h e  var ious data .  The 
Newtonian l i m i t s  shown i n  f igu re  10, due t o  the  absence of the various 
interference e f f e c t s  among t h e  components and t h e  reduced value of y ,  
are  considerably lower than the  trends indicated by t h e  other  methods. 
Although the  wind- 
Pitching-Moment Charac te r i s t ics  
The pitching-moment cha rac t e r i s t i c s  f o r  t h e  a i rp lane  are r e a d i l y  
determined from t h e  values of l i f t  coef f ic ien t  presented i n  figures 6 
t o  8 and t h e  center-of-pressure char ts  given i n  reference 16. 
of the moments due t o  t h e  various components about a center-of-gravity 
loca t ion  at 20 percent of t he  mean aerodynamic chord (based on area S) 
proceeds as follows : 
The buildup 
Wing and hor izonta l  t a i l . -  The moment arm f o r  t h e  l i f t  of t h e  wing 
i n  t h e  presence of the body d i f f e r s  i n  general  from tha t  f o r  the l i f t  
induced by the wing on the  body, wi th  the d i f fe rence  depending pr imar i ly  
on Mach number and fuselage diameter. 
therefore  must be determined separately;  however, f o r  consistency with 
the  foregoing l i f t  calculat ions both e f f e c t s  are charged t o  t h e  wing. 
The c h a r a c t e r i s t i c s  f o r  the horizontal  t a i l  (a t  zero incidence) are 
determined i n  l i k e  manner, although t h e  moment arms f o r  t h e  var ious 
in te r fe rence  e f f e c t s ,  due t o  the  absence of fuselage afterbody, are 
e s s e n t i a l l y  equal. The following expression f o r  t h e  combined wing and 
t a i l  i n  t h e  presence of the  fuselage i s  obtained 
The moments from t h e  two sources 
14 
The r e s u l t s  given by t h i s  equation a r e  presented i n  f igures  l l ( a )  and l l ( b )  
together with the  Newtonian l i m i t s .  
Fuselage.- The center of pressure f o r  the  l i f t  due t o  inv isc id  flow 
about the  fuselage i s  calculated by t h e  second-order shock-expansion 
method presented i n  appendix C of reference 26, acd t h a t  due t o  viscous 
crossflow, by the  procedure described i n  t h e  appendix of reference 31. 
The former i s  found t o  vary s l i g h t l y  with Mach number and t h e  l a t t e r  t o  
be e s s e n t i a l l y  constant. 
expressed as 
The moment coef f ic ien t  f o r  t h e  fuselage may be 
and, as shown i n  f igure  l l ( c ) ,  i s  des tab i l iz ing .  
Airplane. - Figures 12  and 1-3 present the  s t a b i l i t y  c h a r a c t e r i s t i c s  
f o r  both the  ta i l -on  (zero incidence) and t a i l - o f f  configurations as 
calculated from equations (9) and (10). The gradual departure from 
l i n e a r i t y  as Mach number i s  increased from supersonic t o  hypersonic 
l e v e l s  i s  again evident i n  these  f igures .  
s t a b i l i t y ,  l i k e  t h e  a i rp lane  l i f t  coef f ic ien t ,  decl ines  r e l a t i v e l y  l i t t l e  
with increasing Mach number. These t rends a r e  a l s o  apparent i n  t h e  
buildup presented i n  f i g u r e  14 f o r  several  angles of a t tack .  
theory,  since it underestimates t h e  l i f t  of t h e  wing and horizontal  t a i l  
( f i g .  7) ,  a l so  underestimates t h e  s t a b i l i t y  as shown i n  f i g u r e s  12 and 13. 
A t  high angles of a t t a c k  t h e  
Newtonian 
Figure 9 shows t h a t  t h e  t h e o r e t i c a l  methods a r e  general ly  i n  close 
accord with the  experimental data,  although t h e  s t a b i l i t y  contr ibut ion 
from the  horizontal  t a i l  a t  a Mach number of 6.86 ( f i g .  9 ( e ) ) ,  appears 
t o  be underestimated t o  some extent .  The discrepancy i s  a possible  con- 
sequence of the upwash i n  t h e  expanding flow downstream from t h e  wing 
t r a i l i n g  edge as described i n  references 8 and 13 - an e f f e c t  which has 
been neglected i n  the  present analyses. Also shown i n  f i g u r e  9 a r e  t h e  
l i f t  curves f o r  trimmed l e v e l  f l i g h t  based on t h e  foregoing calculated 
p i t  ching-moment c h a r a c t e r i s t i c s .  
H 
1 
4 
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Further comparisons between experiment and theory a r e  presented i n  
f i g u r e s  l’j and 16. 
pos i t ive  angles of a t tack  w i l l  not become marginal u n t i l  Mach numbers 
wel l  i n  excess of the  design l i m i t  a r e  reached. A s  noted previously,  
the  Newtonian limits i n  f igure  15 d i f f e r  s u b s t a n t i a l l y  from t h e  apparent 
t rends of the  hypersonic small-disturbance and shock-expansion methods. 
These f igures  ind ica te  t h a t  s t a t i c  s t a b i l i t y  a t  small 
3T 
Longitudinal-Control Character is t ics  
The methods of reference 16 enable rap id  estimates t o  be made of t h e  
l i f t  var ia t ions  due t o  incidence as well  as angle of a t t a c k  f o r  wing-body 
combinations. When applied t o  t h e  X-15 s t a b i l i z e r ,  t h e  following rela- 
t ionships  a r e  obtained f o r  t h e  l i f t  and moment increments due t o  a change 
of incidence angle (a = Constant) 
The term E",,,, because of the  nonlinear character  of t h e  flow, should - 
be determined with t h e  a i d  of equations (2) and (3) f o r  t h e  combined 
angles of a t t a c k  and incidence as measured i n  a plane perpendicular t o  
t h e  surface.  If subscr ipt  P i s  used t o  designate angles measured i n  
t h e  plane perpendicular t o  the  plane of t h e  ta i l ,2  then the normal-force 
increment due t o  incidence i s  
i n  which 
J 
The f a c t o r s  % and kgT account f o r  t h e  mutual interference between 
the  s t a b i l i z e r  and fuselage f o r  incidence var ia t ions  i n  a manner analogous 
t o  Km and KBT f o r  angle-of-attack var ia t ions .  I n  trimmed f l i g h t ,  
however, a and iT are normally of opposite s ign and t h e  magnitude of 
t h e  combined angle a + iT i s  generally s m a l l .  Assuming t h a t  t h e  terms 
cos a + LT' zr?d cos iT i n  equations (11) and (12) are u n i t y  and t h a t  i I 
*The incidence of the X-15 s t a b i l i z e r  a c t u a l l y  is  var ied by r o t a t i o n  
about an axis i n  t h e  plane of the  surface r a t h e r  than an axis normal t o  
t h e  v e r t i c a l  plane of symmetry (see f i g .  1). 
............... . . 0.. r .  . . . . . . . . . . . . . . . .  . . . . . . . . . . . . . . . . . .  . . . . . . . . . . . . . . . .  
t h e  tangents i n  equation (14) are equal t o  the  radian values of t h e  
angles, t he  following approximate r e l a t ionsh ips  f o r  small incidence angles 
are obtained 
% dC 
ai, 
- -  
CLiT  
I n  these equations, t he  ca lcu la t ion  of 
be s implif ied by adoption of t he  following nota t ion  
from equation (2)  may 
r r+il 
where 
The r e s u l t s  given by equations (13) t o  (17) are shown i n  f i g u r e  17 
f o r  several  combined angles,  a + i T '  The s t a b i l i z e r  effect iveness ,  
similar t o  the  l i f t  c h a r a c t e r i s t i c s  described earlier,  increases  sub- 
s t a n t i a l l y  with angle of a t t ack  a t  hypersonic speeds. Experimental da t a  
f o r  s m a l l  incidence angles are not ava i l ab le  t o  confirm t h e  t rends  shown 
i n  f igu re  17. 
References 3 and 4 present lift and moment da ta  f o r  l a rge  incidence 
Resul ts  f o r  Mach numbers from 2.29 t o  6.86 are presented 
angles t h a t  may be compared with the moment increments predicted by 
equation (12) .  
i n  f i g u r e  18 i n  terms of angle of a t tack  a t  constant incidence s e t t i n g  
(-20° and l5O) and i n  f igure  19 i n  terms of incidence s e t t i n g  a t  constant 
angle of a t t ack  ( O O ) .  Both f igures  show fa i r  agreement a t  the lower Mach 
numbers. A t  t h e  higher Mach numbers, however, t h e  s t a b i l i z e r  e f f ec t ive -  
ness i n  f igu re  18, appears t o  be underestimated a t  high angles of a t t ack  
and f o r  negative incidences somewhat overestimated i n  the  lower range. 
The discrepancy a t  t h e  high angles of a t t ack  i s  undoubtedly due t o  the  
combined influence of dynamic pressure, Mach number, and downwash i n  t h e  
compression f i e l d  from the  lower wing surface b r i e f l y  described i n  a 
preceding sect ion.  These shock e f f ec t s ,  as discussed i n  reference 10, 
occur i n  varying degree depending upon Mach number, incidence se t t i ng ,  
and angle of a t t ack .  
b l i ze r ,  however, preclude any r e l a t i v e l y  simple procedure f o r  es t imat ing 
these  e f f e c t s .  
The la rge  sweep and d ihedra l  angles of t h e  sta- 
Further evidence of the various interference e f f e c t s  a t  l a rge  i n c i -  
dence s e t t i n g s  i s  found i n  t h e  pitching-moment cha rac t e r i s t i c s  presented 
i n  f igu re  20 f o r  four  tes t  Mach numbers. The comparisons between theory 
and experiment f o r  a Mach number o f  2.29 ( f i g .  20 (a ) )  show some disagree-  
ment pr imari ly  i n  the magnitude of the moment increments a t  l a rge  nega- 
t i v e  incidences - a probable e f f e c t  of both the  w a k e  from the  wing and 
t h e  l a rge  abrupt d i scont inui ty  between t h e  fuselage s ide- fa i r ing  and 
inboard end of the  s t a b i l i z e r .  A t  a Mach number of 2.98 ( f i g .  20(b)) 
there  i s ,  i n  addi t ion  t o  the e f f ec t s  o f  wing wake and fuselage f a i r i n g ,  
some evidence of the leading edges of t h e  s t a b i l i z e r  dipping i n t o  the 
compression f i e l d  from the wing a t  l i f t  coe f f i c i en t s  above 0.4. 
immediate r e s u l t  of t h i s  interference i s  a sharp increase i n  trim l i f t  
coe f f i c i en t  and an apparent reduction i n  a i rp lane  s t a b i l i t y .  This t rend  
becomes more and more pronounced a s  t h e  Mach number i s  r a i sed  t o  4.65 
and 6.86 as shown i n  f igu res  20(c) and 20(d) ,  respect ively.  
The 
Damping i n  Pitch 
The buildup procedure of reference 16 i s  employed a l s o  f o r  calcula-  
t i o n  of the pitching-moment coeff ic ient  due t o  p i tch ing  r a t e  about t h e  
and t o  steady v e r t i c a l  acce le ra t ion  of t h e  center  center  of g rav i ty  
of g rav i ty  CmaL. 
ence terms (K 
cable t o  t h e  cases of steady pi tching rate and v e r t i c a l  acce le ra t ion .  
The Newtonian l i m i t s ,  which are generally i n  disagreement w i t h  t h e  r e s u l t s  
from t h e  shock-expansion and small-disturbance theor ies ,  are omitted. 
% 
It i s  assumed t h a t  the previously determined i n t e r f e r -  
f a c t o r s )  f o r  angle-of-attack va r i a t ions  are a l s o  app l i -  
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Wing.- References 35 and 36 provide char t s  
from which estimates of C, and C f o r  t h e  
obtained. Preliminary inspection of t h e  charts  
9 % 
based on l i n e a r  theory 
i s o l a t e d  wing may be 
shows t h a t  f o r  t h e  assumed 
center-of-gravity location, t h e  wing damping e f f e c t s  are r e l a t i v e l y  s m a l l .  
Following the  notation used i n  t h e  l i f t  calculat ions,  t h e  following 
expressions f o r  
are obtained 
and C f o r  the  wing (including interference)  
cmq 9% 
i n  which t h e  terms and ( C t m . )  are obtained from references 35 
\ a w  
and 36. 
var ia t ion  with l o c a l  angle of a t t a c k  a t  hypersonic speeds and should 
therefore  be modified accordingly. 
from l i n e a r  theory f o r  a given angle of a t t a c k  were adjusted by t h e  r a t i o  
of given by equation (2 )  t o  t h a t  represented by the  product 
It i s  expected t h a t  both quant i t ies  would exhib i t  a nonlinear 
In  the  present ana lys i s  t h e  r e s u l t s  
CN 
u. The r e s u l t s  from equations (18) and (19) a r e  presented i n  
(CNU)CL,O .~ 
f igures  2 1  and 22 f o r  several  angles of a t tack .  
Fuselage.- The damping der iva t ives  f o r  the  fuselage may be approxi- 
mated through appl icat ion of the  r e l a t i v e l y  simple r e s u l t s  derived from 
slender-body theory i n  a manner similar t o  t h a t  described i n  reference 16. 
It i s  found t h a t ,  although slender-body theory alone does not accurately 
pred ic t  t h e  c h a r a c t e r i s t i c s  of nonslender configurations,  t h e  r a t i o  of 
slender-body der ivat ives  may be employed with reasonable accuracy i n  t h e  
following manner 
body 
body 
The s t a t i c  der iva t ive  
determined by more precise  methods ( re f .  26).  
may be r e a d i l y  derived from t h e  relat ionships  developed i n  references 25, 
37, and 38, giving 
i n  these expressions has been previously 
The slender-body r a t i o s  
- 
, lender body 
L 2 'B Volume xo 
-4(F) s S,L (7 - ;) 
I .  
-. 
where xo/L and xc/L are the center-of-gravity and area-centroid loca- 
t i o n s  r e l a t i v e  t o  t h e  o v e r a l l  body length, and where the  term "volume" 
designates the  a c t u a l  volume of t h e  fuselage including t h e  s ide  f a i r i n g s .  
Figures 21 and 22 show the  damping der ivat ives  f o r  t h e  X - 1 5  fuselage as 
estimated by the  previous relat ionships  t o  be near ly  constant i n  t h e  Mach 
number range from 2 t o  12. 
Horizontal t a i l . -  The damping contributions from t h e  horizontal  t a i l  
are determined by the  method of reference 39 from which t h e  following 
approximate equations are derived 
18.. \ m 
9cw 
The terms $[*) and represent the  average upwash induced by 
t h e  wing a t  t h e  t a i l  locat ion.  Both are s m a l l ,  becoming negl igible  i n  
the  hypersonic range. The ta i l -p lane  l i f t -curve  slope i s  nonlinear, as 
shown i n  t h e  preceding sections.  
and 22. 
Results a r e  presented i n  f i g u r e s  21 
Airplane.- The fuselage i s  seen i n  f igures  2 1  and 22 t o  be the  pre- 
dominant component i n  t h e  buildup of t h e  a i rp lane  damping c h a r a c t e r i s t i c s ,  
with the tail-damping contribution becoming increasingly s i g n i f i c a n t  as 
angle of a t t a c k  i s  increased. 
seen i n  f igure  22 t o  be qui te  s m a l l  and may be neglected a t  Mach numbers 
above 4. 
with the  t a i l  on and of f  i s  summarized i n  figure 23. 
The e f f e c t s  of v e r t i c a l  t r a n s l a t i o n  are 
The calculated damping coef f ic ien t  (Cmq + C'%) f o r  the a i rp lane  
Wind-tunnel data  from reference 2 are compared with t h e  calculated 
r e s u l t s  a t  Mach numbers up t o  3.5 i n  f igure  24 f o r  both t h e  ta i l -on  and 
t a i l - o f f  configurations.  The calculated damping with t h e  t a i l  o f f ,  f o r  
t h e  most p a r t ,  i s  l e s s  than t h e  experimental r e s u l t ,  ind ica t ing  possibly 
t h a t  the fuselage moments may be underestimated. 
what b e t t e r  agreement i s  obtained where t h e  t a i l  incidence i s  held con- 
s t a n t  near the  zero se t t ing .  The la rge  negative incidences employed a t  
the  higher angles of a t tack,  it i s  noted, tend t o  reduce t h e  o v e r a l l  
a i rplane damping due t o  t h e  nonl inear i ty  of the ta i l -p lane  l i f t  charac- 
t e r i s t ics .  Inclusion of these e f f e c t s  i n  t h e  ca lcu la t ions  would reduce 
t h e  differences noted. 
With t h e  t a i l  on, some- 
ANALYSIS AND DISCUSSION OF LATERAL-DIRECTIONAL DERIVATIVES 
The s i d e s l i p  and the  ro ta ry  and control  der iva t ives  f o r  yaw and r o l l  
a r e  considered i n  the  following sect ion.  The p r i n c i p a l  interference flow 
f i e l d s  a f fec t ing  these der iva t ives  have been b r i e f l y  described i n  an 
e a r l i e r  sect ion,  however more d e t a i l e d  information may be found i n  refer- 
ences 14 ,  40, and 41. In  general ,  t h e  procedures, assumptions, and 
nomenclature employed are s i m i l a r  t o  those f o r  t h e  longi tudinal  deriva- 
t i v e s .  It is  assumed, i n  addition, t h a t  t h e  s i d e s l i p  angles are small 
and t h e  incidence of the  horizontal  t a i l  i s  zero. 
The Newtonian limits are determined f o r  t h e  s i d e s l i p  der iva t ives  only. 
S i d e s l i p  Derivatives 
The procedure of reference 16, when applied t o  t h e  case of steady 
s i d e s l i p  leads t o  the following bas ic  re la t ionships  f o r  t h e  side-force, 
yawing-moment, and rolling-moment c o e f f i c i e n t s  due t o  t h e  wing, fuselage, 
horizontal  t a i l ,  and the  upper and lower segments of t h e  v e r t i c a l  t a i l  
. 
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a 
= ‘fh) s a w  a + $(‘yB) inviscid a p  
NT 
ac ST s i n  r T  
+ &  s (%B + KBT)(l  g ) F  
B viscous 
(27)  
These equations a re  the  basic  forms from which t h e  s i d e s l i p  der iva t ives  
f o r  t he  individual  components and f o r  t h e  complete a i rp lane  are derived 
i n  the  following subsections. 
are negl ig ib le  and have been omitted from equation (28). 
e a r l i e r  analyses,  t h e  interference l i f t s  between t h e  fuselage and various 
l i f t i n g  surfaces are combined w i t h  the l i f t  f o r  t h e  adjacent surface,  
and, where appropriate,  t he  nonlinear re la t ionships  given by equations (2) 
and ( 3 )  a re  introduced. The results as applied t o  the  X-15 are presented 
i n  figures 25 t o  29 f o r  angles of a t tack  of Oo, 8O, 1 6 O ,  and 24’. 
The ro l l i ng  moments due t o  t h e  fuselage 
A s  i n  t he  
Wing.- The terms i n  equations (26) and (27) -
or ig ina te  pr imari ly  from edge-suction forces  ex i s t ing  along t h e  wing t i p s .  
u e s e  ef fec ts  are fsuzd frm the r e s u l t s  of reference 42 t o  be extremely 
s m a l l  i n  comparison with those due t o  t h e  fuselage and v e r t i c a l  ta i l ,  and, 
therefore ,  are neglected. The r e s u l t s  of reference 43 ind ica te  t h a t  the  
rm 
term r+) f o r  t h e  wing alone i s  a l s o  very small. For the  wing i n  
w 
t h e  presence of the body, however, it i s  demonstrated i n  reference 44 
t h a t  a subs tan t ia l  r o l l i n g  moment w i l l  occur due t o  cross-coupling 
e f fec ts  of t h e  sidewash v e l o c i t i e s  t h a t  a r i s e  when t h e  wing-body com- 
bination i s  displaced both i n  s i d e s l i p  and angle of a t tack .  
t o  the  method of reference 44 as applied t o  bodies of c i r c u l a r  cross 
section, t h i s  moment i s  given approximately by the re la t ionship  
According 
or  
This equation i s  applied t o  t h e  X-15 fuselage by replacing t h e  l a t t e r  
with an equivalent c i r c u l a r  cylinder having a cross-sect ional  area equal 
t o  t h e  a c t u a l  cross-sectional a rea  at the wing-body juncture (including 
the  side f a i r i n g s ) .  For hypersonic Mach numbers the nonlinear var ia t ion  
of t h e  term C ' N ~  with angle of a t t a c k  should not be overlooked. The 
r e s u l t s  from equation ( 3 0 )  a r e  presented i n  f igure  27 which shows the  
cross-coupling e f f e c t  t o  be s i g n i f i c a n t  at high angles of a t tack .  
Fuselage.- Equations (6) and (7) f o r  the force c o e f f i c i e n t s  due t o  
inviscid and viscous crossflow, when converted t o  s ide  force i n  combined 
s ides l ip  and angle of a t tack ,  transform t o  t h e  following o v e r a l l  
expression 
The term i s  the  angle of a t t a c k  as measured i n  t h e  plane containing 
t h e  free-stream-velocity vector and t h e  body ax is ,  and p i s  t h e  angle 
between t h i s  plane and the  X-Y plane i n  f i g u r e  4(b). 
corresponds t o  
i n  pi tch ( p  = 0) t o  approximately 0.9 f o r  displacements i n  yaw (a = 0 ) .  
Correspondingly, the  term AT ( t h e  counterpart  of h) v a r i e s  from 0.60 
t o  0.485. It can be shown t h a t  
cp 
The term RT 
i n  equation (6)  and v a r i e s  from 1.4 f o r  displacements 
B 
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such t h a t  t h e  der iva t ive  may be approximated as 
assuming t h e  terms Rv, 7, 'dC, 
angle cp i s  r e l a t e d  t o  u and P by the 
and AT t o  be constant. The 
equation 
-- 
s i n  cp = {syn'u + sin 2 p - s i n  2 a s i n  2 p 
which, f o r  r e l a t i v e l y  s m a l l  angles, s implif ies  t o  the form 
(34) 
The r e s u l t a n t  values f o r  the  various f a c t o r s  assumed t o  be constant i n  
equation (33) may be determined f o r  combined u and p by resolving 
t h e  known magnitudes f o r  u = 0 and P = 0 i n t o  components proportional 
. This procedure i s  not exact, however, s ince t o  and 
the resul tant-force vector, as pointed out i n  reference 14, does not 
necessar i ly  l i e  i n  the  plane containing the  ve loc i ty  vector and t h e  body 
ax is .  The various coef f ic ien ts  f o r  the inv isc id  and viscous crossflow 
terms are determined by the  methods discussed previously i n  t h e  longitu- 
d i n a l  analysis .  I n  the calculat ion of 
(a = O o ) ,  however, t h e  X - 1 5  fuselage and canopy have been approximated 
by a cone-cylinder combination rather  than an ogive and cylinder,  as 
assumed previously f o r  angle of attack. 
a P 
1- Jd+p2 
f o r  s i d e s l i p  alone 
(%)B 
The yawing-moment der ivat ive for t h e  fuselage a t  combined angles 
of a t t a c k  and s i d e s l i p  may then be obtained from t h e  re la t ionship  
i n  which t h e  moment arm Poi- t h e  viscous crossflow should be determined 
w i t h  due consideration given t o  the downstream locat ion of t h e  i l i i t ial  
point  of crossflow separation along t h e  body a x i s  as discussed i n  r e f e r -  
ence 31. The wing, it i s  noted, has l i t t l e  o r  no blanketing e f f e c t  on 
t h e  crossflow i n  s i d e s l i p .  
The side-force and yawing-moment der iva t ives  f o r  t h e  X - 1 5  fuselage 
are shown i n  f igures  25 and 26. 
an increase i n  angle of a t t a c k  i s  accompanied by a gradual increase of 
both der ivat ives .  
The e f f e c t  of Mach number i s  s m a l l ,  but 
The Newtonian l i m i t s  are derived from the r e s u l t s  of reference 13 i n  
t h e  manner described previously f o r  t h e  longi tudinal  c h a r a c t e r i s t i c s  
(eq. (8)) .  The following equation i s  obtained f o r  the  nose cone and 1 
cyl indr ica l  afterbody sect ions 4 
H 
6 
'NC 2 SAB 
S S 
= 2 - C O S  TNC COS U + 2 -U COS V (37) 
i n  which Sm i s  the s ide  area of t h e  afterbody sect ion.  The r e s u l t s  
from equation (37) a r e  presented i n  figures 25 and 26. 
Horizontal t a i l . -  The s ide  force from the horizontal  t a i l  arises 
s o l e l y  from dihedral  angle, and i n  der iva t ive  form i s  given by 
The term C '  i s  proportional t o  an e f fec t ive  angle of a t t a c k  ae of 
t h e  t a i l  defined as follows f o r  t h e  combined angles of a t t a c k  and s ide-  
s l i p  ( r e f .  45, appendix B) 
NT 
s i n  fi t a n  r T  
t a n  a cos B - 
cos a 
For smaU angles of s i d e s l i p  
and equation (38) becomes 
(39) 
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i s  given by equation (17). The upwash e f f e c t  due t o  
where (' INUIT 
fuselage crossflow i s  assumed t o  be negl igible  a t  the  t a i l ,  hence t h e  
term KTB becomes uni ty .  Furthermore, t he  fuselage may be regarded as 
having zero d ihedra l  angle, and thus the  term KBT i s  zero. 
The yawing-moment der iva t ive  for  t h e  hor izonta l  t a i l  i s  r ead i ly  
obtained as 
where % has been determined previously (see eq. (9 ) ) .  
The sidewash cross-coupling e f f e c t s  mentioned previously i n  regard 
t o  t h e  wing-body r o l l i n g  moments are assumed t o  occur a l s o  i n  t h e  v i c i n i t y  
of t h e  fuselage and the  horizontal-  and v e r t i c a l - t a i l  surfaces .  Following 
the method of reference 44, the rolling-moment der iva t ive  f o r  t h e  ho r i -  
zontal  t a i l  becomes 
For s m a l l  s i d e s l i p  angles,  t he  expression 
i s  obtained with the a i d  of equation (40). 
The contr ibut ions of t h e  horizontal  t a i l  t o  the  ove ra l l  s i d e s l i p  
de r iva t ives  are genera l ly  qui te  small, as can be seen i n  f igu res  25 
t o  27. 
The simple Newtonian approximations f o r  t h e  t a i l -p l ane  der iva t ives  
are given by 
. .  
s T 2  = -4 - s i n  r? 
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Figures 25 t o  27 show t h a t  the  Newtonian r e s u l t s  f o r  the  horizontal  t a i l  
are not s ign i f icant .  
Vert ical  t a i l . -  For improved s t a b i l i t y  a t  high Mach numbers, 
10' wedge-type sect ions were chosen f o r  both t h e  upper and lower t a i l  
surfaces. 
mined f i r s t  by applying t h e  r e s u l t s  of l i n e a r  theory ( ref .  22) ,  assuming 
the surfaces t o  be f l a t  p la tes ,  and then by correct ing t h e  f l a t - p l a t e  
values by the r a t i o  of t h e  l i f t - c u r v e  slopes f o r  t h e  wedge and f l a t  p l a t e  
i n  equation (26) given in reference 46. 
a r e  considered t o  have been modified i n  t h i s  manner. 
coef f ic ien ts  of reference 16 a r e  introduced, but t h e  hypersonic nonlinear 
e f f e c t s  a r e  neglected f o r  s m a l l  s i d e s l i p  angles. 
t i o n  of the interference flow f i e l d s ,  t h e  e f f e c t  of the  displacements of 
t h e  wing and fuselage vor t ices  r e l a t i v e  t o  the  t a i l  surfaces  is  believed 
t o  be s l i g h t  a t  s m a l l  s i d e s l i p  angles; consequently, t h e  term i n  
equation (26) w i l l  be neglected. 
c a l  t a i l s  therefore  becomes 
The normal-force coef f ic ien ts  f o r  these surfaces  may be de ter -  
(cNu)L and (cNu)lJ 
The terms 
The in te r fe rence  
A s  noted i n  t h e  descr ip-  
da/dp 
The side-force der iva t ive  f o r  t h e  v e r t i -  
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I n  general ,  the  various terms in  equation (46) f o r  the  upper and 
lower surfaces d i f f e r .  Par t icu lar ly  noteworthy a r e  the  la rge  differences 
i n  Q t h a t  occur with increasing angle of a t tack.  For s m a l l  angles,  t h e  
magnitudes shown i n  f igure  3 may be applied equally t o  both surfaces .  A t  
moderate and high angles of a t tack ,  however, the  upper t a i l  i s  l a r g e l y  
contained within t h e  shock-expansion f i e l d  from the  upper wing and body 
surfaces and t h e  lower t a i l  within the compression f i e l d  from t h e  lower 
surfaces.  Consequently, Q f o r  the upper t a i l  diminishes while t h a t  
f o r  t h e  lower t a i l  increases rapidly as shown i n  f igure  28. The var ia -  
t i o n s  of Q shown i n  t h i s  f igure  were estimated from t h e  char t s  of r e f -  
erence 12  f o r  supersonic flow past  wedges and f o r  Prandtl-Meyer 
expansions. 
The yawing-moment charac te r i s t ics  f o r  t h e  v e r t i c a l  t a i l  are r e a d i l y  
found from equation (46) and the  pmviously determined moment arms. 
Rolling moments from t h e  v e r t i c a l  t a i l  a r e  generated by differences 
i n  geometry and dynamic pressure between the  upper and lower surfaces  as 
w e l l  as by the  previously mentioned cross coupling of sidewash v e l o c i t i e s  
f o r  t h e  fuse lage- ta i l  combination. The following re la t ionships  from 
reference 44 a r e  used f o r  calculat ion of t h e i r  combined e f f e c t  
Values f o r  the  
J 
coef f ic ien ts  Km, KuB, and Kq and f o r  t h e  moment arms 
(2y.Ju) are determined from t h e  char t s  given i n  
reference 44. 
Newtonian theory provides t h e  following simple expressions f o r  t h e  
v e r t i c a l - t a i l  charac te r i s t ics ,  assuming t h e  s i d e s l i p  angles t o  be less 
than t h e  semivertex angle of the  wedge p r o f i l e s  ( T ~  = 5') 
............... ....... . . . . . . . . . . . . . . . .  . . . . . . . . . . . . . . . . . .  . . . . . . . . . . . . . . . .  ............ 
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Figures 25 t o  27 i l l u s t r a t e  the dominating e f f e c t  t h a t  t h e  v e r t i c a l  
t a i l s  have on the  s i d e s l i p  c h a r a c t e r i s t i c s  of t h e  X-15. P a r t i c u l a r l y  
remarkable are t h e , r a p i d  gain i n  effect iveness  of t h e  lower surface and 
t h e  loss  i n  effect iveness  of t h e  upper surface as angle of a t t a c k  i s  
increased. A s  a r e s u l t ,  t h e  d i r e c t i o n a l  s t a b i l i t y  a t  hypersonic speeds 
remains at a high leve l ,  and t h e  net  contr ibut ion of the  v e r t i c a l  t a i l s  
t o  t h e  dihedral e f f e c t  changes from negative t o  pos i t ive  magnitudes as 
angle of a t t a c k  i s  increased. Newtonian theory, as shown i n  the f igures ,  
does not pred ic t  these c h a r a c t e r i s t i c s .  
Airplane.- The s i d e s l i p  c h a r a c t e r i s t i c s  f o r  the  a i rp lane  a t  angles 
of a t tack of Oo, 8 O ,  16O, and 24O, as b u i l t  up from the foregoing component 
e f f e c t s ,  a r e  presented i n  f igure  29 f o r  both the v e r t i c a l  t a i l  on and o f f .  
The airplane,  it i s  noted, i s  predicted t o  be d i r e c t i o n a l l y  stable w e l l  i n  
excess o f  i t s  estimated l i m i t  speed, but t h e  calculated dihedral  e f f e c t  
, due t o  t h e  pronounced asymmetry i n  effect iveness  of the  upper and 
c z P  
lower v e r t i c a l  tai ls ,  changes rap id ly  from near zero t o  r e l a t i v e l y  la rge  
posi t ive magnitudes as angle of a t t a c k  i s  increased. 
i n  C z P  
s t a b i l i t y  due, as discussed i n  reference 47, t o  i t s  i n d i r e c t  e f f e c t  of 
reducing t h e  d i r e c t i o n a l  s t a b i l i t y  of t h e  a i rp lane  as angle of a t t a c k  i s  
increased. Thus, from a s implif ied ana lys i s  of t h e  l a t e r a l - d i r e c t i o n a l  
equations of motion t h e  e f f e c t i v e  d i r e c t i o n a l - s t a b i l i t y  paxameter 
This pos i t ive  t rend  
i s  general ly  undesirable from the standpoint of t h e  Dutch roll 
i s  evolved which shows t h a t  i n s t a b i l i t y  i n  Dutch roll i s  promoted by a 
at high angles of a t tack .  It i s  a l s o  noteworthy posi t ive t rend  i n  
t ha t  the interference of t h e  wing and fuselage vor t ices  on t h e  s t a b i l i t y  
contribution from t h e  upper v e r t i c a l  t a i l  a t  pos i t ive  angles of a t tack ,  
due t o  the  l o s s  i n  effect iveness  of the surface,  i s  of l i t t l e  consequence 
as hypersonic speeds are a t ta ined .  
czB 
Figures  30 t o  32 present a comparison of t h e  ca lcu la ted  s i d e s l i p  
de r iva t ives  with those obtained i n  t h e  wind-tunnel tes ts  of references 1 
t o  4. 
t a i l - o f f  r e s u l t s ,  however the  v e r t i c a l - t a i l  contr ibut ion (d i f fe rence  
between t h e  t a i l -on  and t a i l -o f f  values) appears t o  have been overes t i -  
mated a t  the  higher Bngles of a t t a c k  f o r  Mach numbers of 2.01, 4.68, and 
6.86. The discrepancies a t  a Mach number of 2.01 are bel ieved t o  be 
associated w i t h  detachment of t h e  wing leading-edge shock waves as high 
angles of a t t ack  are approached (see f ig .  4 of ref. 12). With shock 
detachment a subs t an t i a l  weakening of the wing compression f i e l d ,  and 
hence a l so  t h e  t a i l  contr ibut ions,  would be expected t o  occur, although 
l i t t l e  can be predicted by present methods of t he  mixed-flow character-  
i s t i c s  downstream from detached shocks (see r e f .  48).  The discrepancies 
a t  t h e  two highest  Mach numbers r e s u l t  i n  p a r t  from the extension of t h e  
lower v e r t i c a l  surface through the  wing-fuselage compression f i e l d  i n t o  
t h e  reduced dynamic pressure of t he  f r ee  stream a t  t h e  higher angles of 
a t t ack  - an e f f e c t  not taken i n t o  account i n  the  foregoing ca lcu la t ions .  
The improvements gained by inclusion of t h i s  e f f e c t  are i l l u s t r a t e d  i n  
figure 33. Since methods f o r  predict ing the  pos i t ion  and shape of wing- 
body shock f ie lds  at high angles of  a t tack  appear t o  be unavailable a t  
t h i s  t i m e ,  t h e  proportions of the lower surface within and beyond the 
compression f ie ld  were estimated from schl ie ren  photographs obtained 
from references 3 and 4 and unpublished sources. 
b i l i t y  as a r e s u l t  of t h i s  change i s  somewhat reduced a t  t h e  higher 
angles of a t tack ,  but  t h e  d ihedra l  e f f ec t  i s  a l so  less unstable .  The 
general  agreement between theory and experiment, although improved i n  
some areas ,  i s  s t i l l  not completely sa t i s fac tory ,  ind ica t ing  t h a t  o ther  
e f f e c t s  not accounted f o r  are present .  
Generally fa i r  agreement i s  noted i n  these figures f o r  t h e  v e r t i c a l -  
The d i r e c t i o n a l  sta- 
It should be observed a l s o  that large negative incidence s e t t i n g s  
of t h e  hor izonta l  t a i l  i n  which t h e  leading edges penetrate  t he  wing 
compression f i e l d  w i l l ,  due t o  the  expanding flow around t h e  leading 
edge, cause not iceable  reductions i n  effect iveness  of the lower v e r t i c a l  
surface a t  high angles of a t tack .  
X-15 precludes any ready ca lcu la t ion  o f  t h i s  in te r fe rence  e f f e c t ,  it 
would be expected that  t h e  dynamic d i rec t iona l  s t a b i l i t y  of t he  a i rp lane  
(eq. (49)) may be improved when it i s  trimmed f o r  l e v e l  f l i g h t  a t  high 
angles of a t t ack .  
from t h e  reduced unstable t rend  i n  
preliminary wind-tunnel tests a t  high angles of a t tack .  
Although the  complex geometry of t h e  
T h i s  possible  improvement, which would arise pr imari ly  
CzB, i s  indicated I n  the  r e s u l t s  of 
The r e s u l t s  from Newtonian theory, a s  shown i n  f igu re  29, do not 
i n  general  agree w i t h  t h e  l i m i t i n g  values approached by the o ther  methods 
~lt. high Mach numbers. The Newtonian approximation therefore ,  s ince  it 
appears t o  be general ly  inadequate for  t he  s t a t i c  der iva t ives ,  1s omitted 
from t h e  remaining analyses of t he  ro ta ry  and cont ro l  der iva t ives .  
Derivatives Due t o  Yawing 
.I 
The der ivat ions of t h e  side-force,  yawing-moment, and r o l l i n g -  
moment coef f ic ien ts  due t o  steady yawing r a t e  follow c lose ly  those due t o  
s i d e s l i p  i n  the  preceding section, and equations (26) t o  (28) comprise t h e  
bas ic  re la t ionships  from which t h e  a i rp lane  yawing der iva t ives  may be 
deduced. 
a r e  therefore  disregarded. 
As before,  the  fuselage r o l l i n g  moments a r e  ins igni f icant  and 
Results a r e  presented i n  f igures  34 t o  39. 
Wing.- Wing e f f e c t s  due t o  yawing a r e  caused by suction forces  along 
t h e  subsonic edges and by spanwise var ia t ions  of veloci ty  and Mach number. 
Es t imates  of these e f f e c t s  a r e  presented i n  reference 42, which ind ica tes  
t h a t  the wing force and moment coef f ic ien ts  i n  the  present appl icat ion 
a r e  quite s m a l l  compared t o  thosy f A  due t o  the  Ir \ fuselage and v e r t i c a l - t a i l  
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-
surfaces.  The der ivat ives  (%)w and r$jW therefore  are neglected. 
The rolling-moment der ivat ive (2)w, has been re ta ined  as shown i n  
f i g u r e  36. The la te ra l -acce lera t ion  der iva t ives  ( b  terms) f o r  t h e  wing 
a r e  a l s o  found t o  be negl igible  ( r e f .  49).  
Fuselage.- Slender-body theory i s  used t o  estimate t h e  side-force 
and yawing-moment coef f ic ien ts  due t o  yawing i n  t h e  manner described 
e a r l i e r  i n  t h e  pitch-damping calculat ions,  t h a t  i s  
(Cnr)B = (" np ) b) cn slender body 
a r e  given by equations (33) and (36), respec- 
where (Cyg) B and ('"B)B 
t i v e l y .  
references 37 and 2 5 ,  giving (see  a l s o  eqs. (22) and (23)) 
The various Slender-body terms a r e  derived from the  r e s u l t s  of 
5T 
- .. 
S B  slender body -2 - 
S 
( . )  
'"p slender body 
Volume 
- sb 
slender body -2 - S 
- 
SB 
- (E)(%) b C  
"a slender body 
The r e s u l t s  from equations (50) and ( 5 l ) ' a r e  presented i n  f igu res  34 and 
35. The der iva t ive  
s m a l l .  
(Crib),, l i k e  (Cm6),, i s  noted i n  f igu re  35 t o  be 
Horizontal  and v e r t i c a l  t a i l s . -  The yawing der iva t ives  f o r  t h e  t a i l  
surfaces  may be approximated by the  r e l a t i v e l y  simple approach proposed 
i n  reference 9, i n  which t h e  yawing der ivat ives  a r e  r e l a t e d  d i r e c t l y  t o  
those f o r  s i d e s l i p  i n  the  following way 
Assuming the  yaw angles t o  be small, p may be expressed as 2 :(e), 
b 2 V  
whence 
and 
where the dimension 2 i s  the  moment arm of e i t h e r  t h e  horizontal  o r  4 
v e r t i c a l  t a i l .  Figures 34 t o  36 show t h a t  t h e  magnitudes of these quan- 6 
t i t i e s  are  negl igible  f o r  t h e  horizontal  t a i l  and f o r  t h e  upper v e r t i c a l  
t a i l  a t  high angles of a t tack .  The lower v e r t i c a l  t a i l ,  on t h e  o ther  
hand, exhibi ts  subs tan t ia l  damping e f f e c t s .  
The e f f e c t  of sidewash l a g  a t  t h e  v e r t i c a l  t a i l  i s  analyzed i n  
reference 50, i n  which it i s  shown t h a t  t h e  der iva t ives  are r e l a t e d  
t o  t h e  rate of change of sidewash angle with angle of s i d e s l i p  as 
follows 
The sidewash var ia t ions  a t  t h e  t a i l ,  however, a r e  not s i g n i f i c a n t ,  and 
t h e  der ivat ives  therefore  have been dropped. 
Airplane.- The calculated damping-in-yaw c h a r a c t e r i s t i c s  f o r  t h e  
The 
airplane a r e  summarized i n  f igure  37, i n  which t h e  general  l e v e l  of 
damping is  observed t o  increase with increasing angle of a t t a c k .  
asymmetry i n  loading on the v e r t i c a l  surfaces  introduces negative r o l l i n g  
moments which a l s o  increase with angle of a t tack .  These t rends  are com- 
pared with the  r e s u l t s  from wind-tunnel tes ts  ( r e f .  2) i n  figures 38 
and 39. The predicted l e v e l s  of yaw damping (Cnr - Cni) appear t o  be i n  
good agreement with the  t es t  r e s u l t s  except, perhaps, i n  t h e  higher 
angle-of-attack range a t  t h e  lower Mach numbers. The r o l l i n g  der iva t ives  
(Czr - on the  other  hand, do not agree i n  e i t h e r  magnitude or  trend 
except near zero angle of a t tack ,  although some improvement would be 
gained i f  the  p a r t i a l  emergence of t h e  lower v e r t i c a l  t a i l  from t h e  
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wing-body compression f i e l d  were taken in to  account as previously d i s -  
cussed i n  r e l a t i o n  t o  t h e  a i rp lane  dihedral e f f e c t .  
Derivatives Due t o  Rolling 
The a i rp lane  force and moment coef f ic ien ts  due t o  s teady r o l l i n g  
ve loc i ty ,  as determined by summing t h e  various component and in te r fe rence  
cha rac t e r i s t i c s ,  a r e  presented i n  f igures  40 t o  45. 
considered as an i so l a t ed  body, i s  assumed t o  have zero loading; however, 
i n  r e l a t i o n  t o  the  adjacent components i t s  presence must be taken i n t o  
account. 
The fuselage,  when 
The bas i c  r e l a t ionsh ips  f o r  steady r o l l i n g  a r e  
= ( c z )  + (czp)T + ( c z )  p L,U 
IP P W  
Wing.- Side forces  and yawing moments on a wing with supersonic 
leading edges a re  generated s o l e l y  by t i p  suction forces  as noted i n  
reference 51. For high t ape r  t h i s  e f f ec t  i s  general ly  s m a l l  but  may 
become noticeable at high angles of a t tack .  The terms (2) and 
I n  \ 
(57) 
f o r  t h e  X-15 wing i n  equations (55) and (56), as determined from (2jW 
the r e s u l t s  of reference 51, are shown i n  figures 40 and 41 t o  be qui te  
s i g n i f i c a n t  a t  high angles of a t tack.  
The damping i n  r o l l  f o r  the wing i s  t h e  predominant der iva t ive  i n  
t h i s  group. Its m&gni+,ude may be r ead i ly  determined from t h e  r e s u l t s  
of l i n e a r  theory i n  reference 22, but should be corrected f o r  wing-body 
in te r fe rence  and f o r  the nonlinear va r i a t ions  with angle of a t t ack  a t  
hypersonic speeds. 
appl ied as a correct ion f o r  wing-body in te r fe rence ,  and equation (17) as 
an adjustment f o r  nonl inear i ty .  Then 
The slender-body r e s u l t s  of reference 52 may be 
i s  obtained from reference 22. (See a l s o  ref. 53 f o r  
where ( c  ‘4 w
wing-body combinations. ) 
Figure 42 shows t h a t  the  damping i n  r o l l  f o r  the  wing, as predicted 
by equation ( 5 8 ) ,  should increase s u b s t a n t i a l l y  with angle of a t t a c k  at 
high Mach numbers. 
Horizontal t a i l . -  The geometric dihedral ,  as w e l l  as t i p  suct ion 
forces ,  introduces small s ide forces  and yawing moments due t o  r o l l i n g  
of t h e  horizontal  t a i l .  Their magnitudes, however, are reduced somewhat H 
by the downwash from the  wing as described i n  reference 9. When corrected 
f o r  downwash e f f e c t s ,  the  coef f ic ien t  f o r  t h e  side force due t o  t i p  SUC- 4 
t i o n ,  a r a t h e r  s m a l l  e f f e c t  compared with t h a t  due t o  dihedral ,  may be 6 
approximated as 
1 
= Q  [ (“P) T] t i p  suction S 
2v 
wherein values f o r  (%)T may be obtained from reference 51. A rough 
estimate of t h e  downwash parameter may be deduced from t h e  
r e s u l t s  f o r  a similar configuration i n  reference 9. The side-force 
coef f ic ien t  r e s u l t i n g  from dihedral  i s  proportional t o  t h e  loading on 
t h e  t a i l  due t o  roll, and may be calculated with s u f f i c i e n t  accuracy 
by t h e  expression 
= Q  
[(“p) 4 dihedral slender body 
Interference between the  fuselage and t a i l  i s  taken i n t o  account by 
introducing t h e  slender-body term from reference 52 f o r  cruciform t a i l  
surfaces.  The term d i  d may be calculated wi th  the a i d  of s t r i p  
theory, as suggested i n  references 54 and 55, t h a t  is, 
T I  (*3 
i s  given by equation (17). and (cNU)T 
The corresponding yawing-moment coef f ic ien ts  a r e  obtained by mult i -  
plying t h e  r e s u l t s  from equations (59) and (60) by t h e  moment arm Z T ~ .  
The side-force and yawing-moment r e s u l t s  are shown i n  f i g u r e s  40 and 41. 
The r o l l  damping due t o  the  horizontal  t a i l  i s  ca lcu la ted  i n  t h e  
same manner as t h e  wing damping (eq. ( 5 8 ) ) ,  but  must be add i t iona l ly  
corrected f o r  wing downwash e f f ec t s .  Thus 
where (C zp)T i s  obtained from reference 22. The a rea  
s lender  body 
S f T  i n  t h i s  
equation i s  the  t o t a l  a rea  including the port ion enclosed wi th in  the  
fuselage,  and the  slender-body terms are f o r  cruciform configurat ions 
( r e f .  52) .  
s m a l l .  
A s  shown i n  f igu re  42 t h e  ta i l -p lane  damping i s  r e l a t i v e l y  
Ver t i ca l  t a i l . -  The side-force coef f ic ien ts  due t o  r o l l i n g  of t he  
upper and lower v e r t i c a l  t a i l s  a r e  of opposite s ign and may be determined 
by expressions similar t o  equation (&), t h a t  is, 
slender body 
The sidewash parameter similar t o  the  downwash parameter f o r  the  
horizontal  t a i l ,  has been determined f o r  a similar configuration i n  
reference 9. (For subsonic leading edges see r e f .  56.) The f a c t o r  V,/V 
i s  introduced because of the  r e l a t i v e l y  la rge  var ia t ions  i n  local-stream 
veloci ty  t h a t  occur a t  the  higher angles of a t tack .  This f a c t o r  may be 
readi ly  estimated from t h e  char t s  of reference 12. Although t h e  two sur- 
faces tend t o  n u l l i f y  one another a t  low angles of a t tack ,  t h e i r  e f f e c t s  
become highly unsymmetrical as t h e  higher angles are approached, as shown 
i n  figures 40 and 41. 
e a s i l y  obtained from the  previously determined moment arms 
The corresponding yawing-moment coef f ic ien ts  - are 
xL u A. 
b 
Equation (62) may be r e a d i l y  adapted t o  ca lcu la t ion  of t h e  damping- 
moment der ivat ives  f o r  t h e  v e r t i c a l  surfaces.  The downwash parameter 
should be replaced by t h a t  f o r  sidewash, and the  veloci ty  r a t i o  V,/V 
may be introduced f o r  grea te r  accuracy. The v e r t i c a l - t a i l  damping, 
however, i s  not consequential, as shown i n  f igure  42. 
Airplane.- The predicted r o l l i n g  der iva t ives  C Yp and cnp f o r  
the airplane a r e  given i n  f igure  43, i n  which t h e  magnitudes of both 
der ivat ives  are shown i n  general  t o  be ins igni f icant  a t  low angles of 
a t tack,  but t o  grow rap id ly  with increasing angle of a t tack .  
r e t i c a l  damping i n  r o l l  i s  a l s o  seen i n  t h e  same f igure  t o  increase sub- 
s t a n t i a l l y  with angle of a t tack .  
a r e  confirmed experimentally t o  some extent  as shown i n  f i g u r e s  44 and 45, 
but the agreement i s  q u a l i t a t i v e  a t  b e s t .  The wide s c a t t e r  i n  t h e  data, 
notably i n  the  t a i l - o f f  r e s u l t s ,  leaves the  comparison somewhat i n  doubt 
as t o  which source, experiment o r  theory,  i s  the more accurate.  
The theo- 
For Mach numbers up t o  3.5 these  t rends  
Lateral-Directional Control Derivatives 
For aerodynamic d i r e c t i o n a l  cont ro l  t h e  X - 1 5  i s  equipped with a l l -  
movable t i p - c o n t r o l  surfaces which b a s i c a l l y  comprise the  outer  segments 
of the  upper and lower v e r t i c a l  s tab i l izers .  The surface def lec t ions  
a r e  limited t o  +7A0. Latera l  control ,  provided through d i f f e r e n t i a l  
10 
c 
incidence of the  horizontal  s t a b i l i z e r s ,  has an angular range of k7- 
2 
f o r  each panel except a t  s e t t i n g s  near l i m i t i n g  values of s t a b i l i z e r  
deflection where t h e  d i f f e r e n t i a l  incidence ava i lab le  decreases. The 
two systems a r e  aerodynamically coupled i n  t h e  sense t h a t  d i r e c t i o n a l  
control a l s o  induces la teral  moments, and vice versa.  The effect iveness  
H 
1 
4 
6 
5 
L 
of each type of cont ro l  and the cross-coupling moments may be r ead i ly  
determined from the  r e s u l t s  of t he  preceding analyses.  
Di rec t iona l  control . -  The s ide  force due t o  t i p -con t ro l  def lec t ion  
may be estimated i n  a r e l a t i v e l y  simple manner by an extension of the 
methods of reference 16. 
combination may, as an approximation, be regarded as a wing and body 
combination, thereby permitt ing ready use of t h e  char t s  of reference 16 
f o r  determination of t h e  mutual interference e f f e c t s  due t o  incidence. 
Th i s  procedure leads  t o  the  expressions 
The t i p  control  and adjacent s tabi l izer-body 
. I sRZ (CYER), = QL - S FRzB + kBRz) ('"U)RZ 
i n  which t h e  various k terms are analogous t o  the in te r fe rence  f a c t o r s  
contained i n  equation (11) f o r  the  hor izonta l - s tab i l izer  e f fec t iveness .  
may be determined from 
A s  discussed earlier, ("&)Ru and (' "a)Rz 
the r e s u l t s  of l i n e a r  theory i n  reference 22 corrected f o r  the e f f e c t s  
of the  wedge-type p r o f i l e s  as recommended i n  reference 46. 
pressure terms QL and Qu are given i n  f igu re  28. The corresponding 
yawing-moment coe f f i c i en t s  a r e  then found by multiplying equation (64) 
by the appropriate  cont ro l  moment arms (Z/b). 
The dynamic- 
Rol l ing moments due t o  t ip-control  def lec t ions  arise from d i f f e r -  
ences both i n  geometry and i n  dynamic pressure Q a t  high angles of 
a t t ack .  Their magnitudes a r e  proportional t o  t h e  d is tances  from the  
axis of ro t a t ion  t o  the  l a t e r a l  centers of pressure which, i n  the present 
ana lys i s ,  a r e  assumed t o  be the centroids of the control-surface areas .  
It follows that  
The d i rec t iona l -cont ro l  der ivat ives  predicted by equations (64) 
and ( 6 5 )  f o r  the  upper and lower surfaces ac t ing  both independently arid 
i n  combination are presented i n  f igures  46 and 47. 
the r e l a t i v e  influence of t h e  previously described shock-expansion and 
compression f i e l d s  from the wing on the r e l a t i v e  e f fec t iveness  of t h e  
Figure 46 shows again 
two surfaces. 
high l e v e l  of c o n t r o l l a b i l i t y  f o r  t h e  an t ic ipa ted  f l i gh t  p r o f i l e s  of the  
airplane,  but a l so  a subs tan t ia l  cross-coupling e f f e c t  a t  high angles of 
a t tack.  
The ne t  r e s u l t s  shown i n  f igure  47 indicate  a r e l a t i v e l y  
The r e s u l t s  of theory and experiment a r e  compared i n  f igure  48 i n  
which generally f a i r  agreement i s  indicated,  although some improvement 
a t  the  higher angles of a t tack  and Mach numbers would be expected i f  the  
emersion of the  lower control  surface from t h e  wing-body compression 
f i e l d  were taken i n t o  account (see e a r l i e r  discussion of d ihedra l  e f f e c t )  
€ 
Lateral  control.-  The l a t e r a l - c o n t r o l  der ivat ives  s t e m  d i r e c t l y  from 1 
t h e  re la t ionships  developed f o r  the  pi tch-control  effect iveness .  Referring I 
t o  equation (15) and noting t h a t  each panel i s  def lected one-half of t h e  c 
t o t a l  d i f f e r e n t i a l  def lect ion,  the  following re la t ionships  are obtained 
The l a t e r a l  centers  of pressure a r e  assumed t o  be located a t  the  area 
centroids of t h e  exposed panels, and the  moment arm h i s  determined on 
t h i s  basis .  
The calculated l a t e r a l - c o n t r o l  der iva t ives  a r e  given i n  f i g u r e  49 
which, as an t ic ipa ted  from t h e  r e s u l t s  of t h e  earlier longi tudinal-  
control analysis ,  shows an increasing degree of control  e f fec t iveness  
with increasing angle of a t tack .  A not iceable  cross-coupling e f f e c t  i s  
found a l so  f o r  t h i s  control.  Figure 50 shows tha t  i n  some cases theory 
and experiment f o r  undetermined reasons do not agree w e l l  a t  high angles 
of attack. 
CONCLUDING REMARKS 
I n  the  foregoing 
methods were employed 
d i rec t iona l  s t a b i l i t y  
a n a l y t i c a l  study a number of ava i lab le  t h e o r e t i c a l  
f o r  ca lcu la t ion  of the longi tudinal  and lateral-  
and control  der iva  ‘ves f o r  the X-15 a i rp lane  at 
T 
Mach numbers ranging from 2 t o  12 and a n i i e s  of a t t a c k  as high as 25'. 
The a n a l y t i c a l  r e s u l t s  were compared with ex is t ing  wind-tunnel data f o r  
Mach numbers between 2 and 7, and thus enabled an o v e r a l l  assessment t o  
be made of t h e  accuracy and a p p l i c a b i l i t y  of the  methods used. 
analysis  as a whole provided valuable ins ights  i n t o  t h e  s ignif icance of 
t h e  various shock-interference phenomena af fec t ing  t h e  a i rp lane  as hyper- 
sonic speeds a r e  approached, and t o  the r e l a t i v e  importance of t he  ind i -  
vidual  a i rp lane  components i n  systematic buildups of t h e  o v e r a l l  deriva- 
t i v e  charac te r i s t ics .  I n  addition, the analysis  w a s  extended t o  speeds 
w e l l  beyond the  estimated l i m i t  for  the X-15 so t h e  der iva t ives  f o r  more 
advanced versions of t h i s  type vehicle could be examined. 
The 
In  general ,  s a t i s f a c t o r y  agreement with wind-tunnel r e s u l t s  was 
obtained. Notable exceptions, however, were found i n  t h e  s t a b i l i z e r  
e f fec t iveness  and several  of the  la te ra l -d i rec t iona l  c h a r a c t e r i s t i c s  
a t  high angles of a t t a c k  where shock interference on the horizontal  and 
v e r t i c a l  t a i l s  could not be r e a d i l y  calculated.  
P a r t i c u l a r l y  noteworthy f o r  the X-15 configuration a r e  the  increases 
i n  longi tudinal  and d i r e c t i o n a l  s t a t i c  s t a b i l i t y  as angle of a t tack  i s  
increased a t  hypersonic speeds. These c h a r a c t e r i s t i c s ,  however, a r e  
accompanied by an unstable t rend i n  dihedral  e f f e c t .  Pronounced cross 
coupling of t h e  d i rec t iona l -  and la te ra l -cont ro l  moments are a l s o  noted 
a t  high angles of a t tack  and Mach numbers. In  general ,  t h e  calculat ions 
ind ica te  t h a t  both s t a b i l i t y  and c o n t r o l l a b i l i t y  a r e  maintained w e l l  
beyond t h e  estimated l i m i t  speed. 
The l imi t ing  values predicted by Newtonian theory f o r  t h e  s t a t i c  
der iva t ives  a r e  found i n  general  t o  be lower than the t rends  shown by 
t h e  uni f ied  supersonic-hypersonic small-disturbance theory, shock- 
expansion theory, and other  methods employed i n  t h e  analysis .  
F l i g h t  Research Center, 
National Aeronautics and Space Administration, 
Edwards, Calif.,  March 1, 1960. 
t 
LIST OF SYMBOLS 
I n  t h e  following l i s t  of symbols, the  aerodynamic coef f ic ien ts ,  
when used without a superscr ipt ,  a r e  based on the dimensions of the  wing 
with leading and t r a i l i n g  edges extended t o  the plane of symmetry of t h e  
airplane,  and, 
o r  body. 
b 
CD 
CL 
when primed, on the  dimensions of t h e  i s o l a t e d  surface 
plan-form area of fuselage forebody from vertex t o  wing 
leading edges 
projected area of fuselage on plane normal t o  crossflow 
a t  combined a and p f o r  port ions of fuselage a f fec ted  
by crossflow 
overa l l  span (refers t o  wing without subscr ipt)  
Drag drag coef f ic ien t ,  -
q,s 
l i f t  coef f ic ien t ,  Lift 
L S  
l i f t - c u r v e  slope i n  downstream flow based on l o c a l  Mach 
number 
l i f t - c u r v e  slope i n  free-stream flow 
r o l l i n g  -moment Rolling moment coef f ic ien t  , 
6,Sb 
H 
1 
4 
6 
H 
1 
4 
6 
Cm pitching-moment coefficient, Pitching iasc' 
C" 
Cn 
* 
CnP 
- 
cni -  a(&) 2v 
Cn 
cP 
Normal force normal-force coefficient, 
GmS 
Yawing moment 
yawing-moment coefficient, 
6,Sb 
effective directional-stability parameter (eq. (49) ) 
normal-force coefficient for two-dimensional flat plate 
pressure coefficient, 
Local pressure - Free-stream static pressure 
H 
1 
4 
6 
H 
1 
4 
6 
o m  e m m  a m  me ma- m m m  ma 
e m m  m m m  m e a  m a  a m  m a  
m m m m  a m a  e m m m  m m e  a m  
e e m  mea m m m  a -  - -  
CY 
- 
C 
H 
" 
h 
I X  
Side force b side-force coef f ic ien t ,  
G,S 
mean aerodynamic chord (refers t o  reference a rea  S when 
used without subscript  ) 
average crossflow drag coef f ic ien t  f o r  fuselage as calcu- 
l a t e d  by method of reference 3 1  
s i m i l a r i t y  parameter, (M2 - 1)1'2a 
moment arm from fuselage center l i n e  t o  center of pressure 
of horizontal  t a i l  measured i n  plane of t a i l  
moment of i n e r t i a  about X - a x i s ,  s lug-f t2  ( f i g .  4 (b) )  
e e e  e .me e e e  e a  e e e e e e  e e  
e e  e e  e e  e e e e  e e e  e e e  
e e  e e e  e e e  e e e a  e e e e e e  
e e  e e  e w e  e e e e  e e e e e  
e e  e e e  e e e e e  e a  e 
44 - i= a
I Z  
- 
p - - . -  i”= 
moment of i n e r t i a  about Z-axis, s lug- f t2  ( f i g .  4 (b ) )  
i angle of incidence 
incidence of hor izonta l  t a i l  measured i n  plane of symmetry 
r e l a t i v e  t o  fuselage center  l i n e ,  pos i t i ve  f o r  upward 
ro t a t ion  of leading edge 
i T  
i ‘T d i f f e r e n t i a l  incidence of ho r i zon ta l - t a i l  panels 
K 
k 
L 
M 
P 
R, 
r a t i o  of l i f t  due t o  angle of a t t ack  of a component i n  
presence of an adjacent component t o  l i f t  of i s o l a t e d  
wing o r  t a i l  surface (see ref. 16 and subscr ip ts )  
f a c t o r  represent ing coupling of sidewash v e l o c i t i e s  due 
t o  a and p (see ref.  44) 
r a t i o  of l i f t  due t o  angle of incidence of a component 
i n  presence of an adjacent component t o  l i f t  of i s o l a t e d  
wing o r  t a i l  surface 
o v e r a l l  length of fuselage 
Mach number 
r a t e  of roll 
pi tch ing  r a t e  
free-stream dynamic pressure,  p,V, 1 2 
dynamic pressure of downstream flow where l o c a l  s t a t i c  
pressure behind t h e  bow shock wave i s  equal t o  f r e e -  
stream s t a t i c  pressure 
r a t i o  of t o t a l  fuselage plan-form area  t o  plan-form area 
of equivalent body of revolut ion having same l o c a l  
cross-sect ional  a reas  ( see  eq. ( 6 ) )  
H 
1 
4 
6 
r 
S 
SAB 
sB 
sNC 
SR 
ST 
S 'T  
V 
W 
x ,y>z 
- 
X 
xC 
e. .e 0 e..) e e.. e *  
e 0 e .  e .  e .  
e. e. e e e e.. e. 
e e e e e e e e * e  e . *  e .  e .  45 
r a t i o  of projected area of fuselage on plane normal t o  
fuselage crossflow a t  combined a and p t o  area of 
equivalent body of revolution having the  same l o c a l  
cross-sect ional  area (see eq. (31) ) 
rate of yaw 
reference area equal t o  area of wing with leading and 
t r a i l i n g  edges extended t o  plane of symmetry 
plan form and side,area of fuselage afterbody f o r  normal- 
and side-force considerations, respect ively (see 
Newtonian theory, eqs. (8) and (37)) 
fuselage f r o n t a l  area 
base area  of nose cone approximating fuselage nose sect ion 
(see Newtonian method, eq. (8))  
area of direct ional-control  surface 
area of exposed hor izonta l - ta i l  surfaces 
area of horizontal  t a i l  with leading and t r a i l i n g  edges 
extended t o  fuselage center  l i n e  
area of exposed wing panels 
local-stream ve loc i ty  
f r e e  -stream velo c it y 
s ide  ve loc i ty  
v e r t i c a l  veloci ty  
coordinate axes (see f ig .  4) 
longi tudinal  dis tance from center  of grav i ty  t o  center  
of pressure of component l i f t  measured i n  d i r e c t i o n  
of fuselage center  l i n e  
longi tudinal  distance from vertex t o  centroid of area 
of fuselage measured i n  d i rec t ion  of fuselage center 
l i n e  
e. 0.0 0 e.. . .. .. .. 0 .  
46 0 0  0 0  0 0 .  O o 0  
0 0  ... 0 . . 0 .  .. 
XO 
- 
Y 
Z 
U 
U 
ue 
Y 
longi tudina l  dis tance from vertex of fuselage t o  center  
of g rav i ty  measured i n  d i r ec t ion  of fuselage center  
l i n e  
l a t e r a l  dis tance from fuselage center  l i n e  t o  center  of 
pressure 
v e r t i c a l  dis tance from fuselage center  l i n e  t o  center  of 
pressure 
angle of a t tack ,  deg , H 
1 
time r a t e  of change of angle of a t t ack  due t o  4 
v e r t i c a l  accelerat ion (plunging motion) 6 
constant 
e f f ec t ive  angle of a t t ack  of hor izonta l  t a i l  a t  combined 
a and P ( see  eq. ( 3 9 h  de@; 
angle of s ides l ip ,  deg 
time r a t e  of change of s i d e s l i p  angle due t o  constant 
l a t e r a l  acce le ra t ion  
dihedral  angle of hor izonta l  t a i l  measured from X-Y plane, 
pos i t ive  when ro t a t ed  upward 
r a t i o  of spec i f i c  heat a t  constant pressure t o  s p e c i f i c  
heat  a t  constant volume 
def lec t ion  angle of d i rec t iona l -cont ro l  surfaces ,  pos i t i ve  
f o r  ro t a t ion  of leading edge t o  r i g h t ,  deg 
downwash angle a t  t a i l ,  deg 
semiapex angle of wing o r  t a i l  surface,  deg 
r a t i o  of drag coe f f i c i en t  of a c i r c u l a r  cyl inder  of 
f i n i t e  length t o  t h a t  f o r  cyl inder  of i n f i n i t e  length 
(see r e f .  30) 
po ten t i a l  funct ion f o r  constant r a t e  of p i t c h  (see r e f .  39) 
Tip chord 
Root chord 
taper  r a t i o  of ho r i zon ta l - t a i l  panels,  
angle between plane containing ve loc i ty  vector  and fuse-  
lage center  l i n e  and t h e  normal t o  the  plane of symmetry 
a t  combined a and p (see eqs. (31) and (32)) 
7T 
. V 
rV 
cp 
sla 
A(-- 4% 
'= 
Subscripts:  
av 
B 
BL 
BR1 
BRU 
BT 
BU 
BW 
L 
angle of i nc l ina t ion  of fuselage s ide  f a i r i n g s  ( see  
Newtonian method, eq. (8))  
free-stream densi ty ,  slugs/cu f t  
sidewash angle a t  t a i l ,  deg 
semivertex angle of nose cone (see Newtonian method 
eq. (8 ) )  
semivertex angle of v e r t i c a l - t a i l  wedge sec t ions  ( see  
f i g .  1) 
47 
angle between free-stream ve loc i ty  and fuselage center  
l i n e  a t  combined a and f3 
po ten t i a l  function f o r  constant angle of a t t ack  (see 
r e f .  39) 
average upwash at t a i l  due t o  steady p i tch ing  rate of 
wing (see r e f .  39) 
average upwash at t a i l  due t o  steady plunging motion of 
wing (see r e f .  39) 
average 
fuselage 
fuselage i n  presence of lower v e r t i c a l  t a i l  
fuselage i n  presence of lower d i rec t iona l -cont ro l  panel 
fuselage i n  presence of upper d i rec t iona l -cont ro l  panel 
fuselage i n  presence of hor izonta l  t a i l  
fuselage i n  presence of upper v e r t i c a l  t a i l  
fuselage i n  presence of wing 
lower v e r t i c a l  t a i l  (exposed) 
LB 
P 
ZB 
RU 
RUB 
T 
TB 
U 
BU 
W 
WB 
U 
T 
lower vertical tail in presence of fuselage 
designates that angle is measured in plane perpendicular 
to the plane of the horizontal tail 
lower directional-control panel 
lower directional-control panel in presence of fuselage 
upper directional-control panel 
upper directional-control panel in presence of fuselage 
horizontal tail (exposed) 
horizontal tail in presence of fuselage 
upper vertical tail (exposed) 
upper vertical tail in presence of fuselage 
wing (exposed) 
wing in presence of fuselage 
quantity due to angle of attack or sideslip (ref. 44) 
quantity due to combined angles of attack and sideslip 
(ref. 44) 
H 
1 
4 
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TABLE I 
AIRPLANE GEOMETRIC CHARACTERISTICS 
Wing (extended t o  body center l i n e )  : 
Area, s q f t  . . . . . . . . . . . . . . . . . . .  
Aspect r a t i o  . . . . . . . . . . . . . . . . . .  
Taper r a t i o  . . . . . . . . . . . . . . . . . . .  
Mean aerodynamic chord, i n .  . . . . . . . . . . .  
Sweep of leading edge, deg . . . . . . . . . . .  
Span, f t  . . . . . . . . . . . . . . . . . . . .  
Root chord, in .  . . . . . . . . . . . . . . . . .  
Tip chord, in .  . . . . . . . . . . . . . . . . .  
Dihedral angle, deg . . . . . . . . . . . . . . .  
Incidence angle, deg . . . . . . . . . . . . . .  
Twist, deg . . . . . . . . . . . . . . . . . . .  
Airfoi l  sect ion . . . . . . . . . . . . . . . . .  
Fuselage s t a t i o n  f o r  20-percent mean aerodynamic 
chord, i n .  . . . . . . . . . . . . . . . . . .  
Wing s ta t ion  f o r  20-percent mean aerodynamic 
chord, in .  . . . . . . . . . . . . . . . . . .  
Flap area, sq  f t  . . . . . . . . . . . . . . . .  
Flap t ravel ,  deg . . . . . . . . . . . . . . . .  
. . . .  . . . .  . . . .  . . . .  . . . .  . . . .  . . . .  . . . .  . . . .  . . . .  . . . .  . . . .  
. . . .  
. . . .  . . . .  . . . .  
200 . . . . . . .  2.50 . . . . . . .  0.20 . . . . . . .  123.23 . . . . . . .  36.75 . . . . . . .  22.36 . . . . . . .  178.89 . . . . . . .  35.78 
. . . . . . .  
0 
0 
0 
NACA 66005 (modified) 
. . . . . . .  . . . . . . .  . . . . . . .  
. . . . . . .  339.19 
. . . . . . .  52.17 . . . . . . .  15.48 
40 . . . . . . .  
Wing (exposed) : 
A r e a , s q f t  . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  105 
Aspect r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  2.15 
Taper r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  0.27 
Root chord, in .  . . . . . . . . . . . . . . . . . . . . . . . . . . . .  131.95 
Tip chord, i n .  . . . . . . . . . . . . . . . . . . . . . . . . . . . .  35.78 
Area, s q  f t  . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  51.76 
Aspect r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  2.81 
Taper r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  0.21 
Mean aerodynamic chord, in .  . . . . . . . . . . . . . . . . . . . . . .  60.07 
Sweep of quarter-chord l i n e ,  deg . . . . . . . . . . . . . . . . . . .  45 
span, overall ,  ft . . . . . . . . . . . . . . . . . . . . . . . . . . .  17.64 
Root chord, in .  . . . . . . . . . . . . . . . . . . . . . . . . . . . .  84.27 
Tip chord, in .  . . . . . . . . . . . . . . . . . . . . . . . . . . . .  25.28 
Dihedral angle, deg . . . . . . . . . . . . . . . . . . . . . . . . . .  -15 
Air fo i l  sect ion . . . . . . . . . . . . . . . . . . . . .  NACA 66005 (modified) 
aerodynamic chord, in .  . . . . . . . . . . . . . . . . . . . . . . .  537.52 
aerodynamic chord, from fuselage,  in .  . . . . . . . . . . . . . . . .  26.96 
Horizontal t a i l  (exposed) : 
Fuselage s t a t i o n  f o r  50-percent hor izonta l - ta i l  mean 
Span s ta t ion f o r  50-percent hor izonta l - ta i l  mean 
T a i l  arm, 20-percent wing mean aerodynamic chord t o  
Incidence range, normal t o  plane of symmetry, deg - 50-percent hor izonta l - ta i l  mean aerodynamic chord, in .  . . . . . . .  198.33 
Pi tch control  . . . . . . . . . . . . . . . . . . . . . . . .  .35 down, 15 UP 
Roll  control . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  27.5 
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TABU I . . Concluded 
AIRPLANE GEOMETRIC CHARACTERISTICS 
Vertical t a i l  (upper. exposed) : 
Area. s q f t  . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  
Mean aerodynamic chord. i n  . . . . . . . . . . . . . . . . . . . . . .  
Sweep of leading edge. deg . . . . . . . . . . . . . . . . . . . . .  
Span (exposed) . i n  . . . . . . . . . . . . . . . . . . . . . . . . . .  
Root chord. i n  . . . . . . . . . . . . . . . . . . . . . . . . . . . .  
Tipchord. i n  . . . . . . . . . . . . . . . . . . . . . . . . . . . .  
aerodynamic chord. i n  . . . . . . . . . . . . . . . . . . . . . . .  
aerodynamic chord. from fuselage. i n  . . . . . . . . . . . . . . . .  
50-percent vertical-tail mean aerodynamic chord. 
Aspect r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . . . . .  
Taper r a t i o  . . . . . . . . . . . . . . . . . . . . . . . . . . . . .  
Airfo i l  section . . . . . . . . . . . . . . . . . . . . . . . . . . .  
Fuselage s ta t ion  fo r  50-percent ver t ica l - ta i l  mean 
Span s ta t ion  fo r  50-'percent ve r t i ca l - t a i l  mean 
T a i l  arm. 20-percent wing mean aerodynamic chord t o  
i n  . . . . . . . .  
Movable area. outboard panel. sq f t  . . . . . . . . . . . . . . . . .  
Angular t r ave l  of movable area. deg . . . . . . . . . . . . . . . . .  
. 40.8 . 1.03 . 0.74 . 107.5 
30 
55 . 122.5 
* 90.75 
loo wedge 
. 520.25 
. 26.15 
. 181.06 . 26.5 . k7.5 
Vert ical  t a i l  (lower. exposed) : 
Area. s q f t  . . . . . . . . . . . . . . . . . . . . .  
Aspect r a t i o  . . . . . . . . . . . . . . . . . . . .  
Taper r a t i o  . . . . . . . . . . . . . . . . . . . . .  
Mean aerodynamic chord. i n  . . . . . . . . . . . . . .  
Sweep of leading edge. deg . . . . . . . . . . . . .  
Span. exposed. i n  . . . . . . . . . . . . . . . . . .  
Root chord. i n  . . . . . . . . . . . . . . . . . . . .  
Tip chord. i n  . . . . . . . . . . . . . . . . . . . .  
Airfo i l  section . . . . . . . . . . . . . . . . . . .  
Fuselage s ta t ion  f o r  50-percent ve r t i ca l - t a i l  mean 
aerodynamic chord. i n  . . . . . . . . . . . . . . .  
Span s ta t ion  for  50-percent ver t ica l - ta i l  mean 
aerodynamic chord from fuselage. i n  . . . . . . . .  
T a i l  arm. 20-percent wing mean aerodynamic chord t o  
50-percent ve r t i ca l - t a i l  mean aerodynamic chord. in  
Movable ( je t t isonable)  area. sq  f t  . . . . . . . . .  
Angular t r ave l  of movable area. deg . . . . . . . . .  
. . . . . . . . .  34.2 . . . . . . . . .  0.785 . . . . . . . . .  0.79 . . . . . . . . .  109.2 
. . . . . . . . .  30 . . . . . . . . .  44 . . . . . . . . .  121.4 . . . . . . . . .  96 . . . . . . . .  loo wedge 
. . . . . . . . .  519.4 
. . . . . . . . .  21.15 
. . . . . . . .  180.21 . . . . . . . . .  19.9 . . . . . . . . .  k7.5 
Fuselage : 
Length. high-speed nose. f t  . . . . . . . . . . . . . . . . . . . . . .  49.17 
Length. low-speed nose. less boom. f t  . . . . . . . . . . . . . . . . .  50.16 
Width. including s ide fairings.  s ta t ion 346 t o  s ta t ion  411. i n  . . . . .  88.0 
Height. s ta t ion  186 t o  s ta t ion 530. in  . . . . . . . . . . . . . . . . .  56.0 
Maximum cross-sectional area. s q  f t  . . . . . . . . . . . . . . . . . .  21.4 
Fineness ra t io .  average . . . . . . . . . . . . . . . . . . . . . . . .  9.4 
k e e  apex angle. deg . . . . . . . . . . . . . . . . . . . . . . . . .  31.0 
Location hinge l ine.  fuselage station. i n  5% 
Side area. each. sq f t  . . . . . . . . . . . . . . . . . . . . . . . .  4.88 
Angular travel.  fuselage center l ine.  deg . . . . . . . . . . . . . . .  41 
Speed brakes (upper and lower): . . . . . . . . . . . . . . .  
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Figure 1. - Three-view drawing of the  X-15 airplane. All dimensions in 
fee t .  
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Figure 2.- Shadowgraphs of a f r e e - f l i g h t  model of t h e  X-15 a i rp lane  a t  
a Mach number of 6 taken i n  t h e  Ames supersonic f r ee - f l i gh t  wind 
tunnel. 
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Figure 3.- Estimated losses in dynamic pressure and lift effectiveness 
for surfaces in the flow downstream from the fuselage bow-shock wave. 
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Figure 5.- Calculated normal-force curves f o r  two-dimensional f l a t  p l a t e .  
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Figure 8.- Buildup of calculated lift curves for the X-15 airplane at 
angles of attack of Oo, 8O,  16O, and 24O.  iT = 0’. 
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Figure 10.- Comparison of ca lcu la ted  and experimental l i f t - c u r v e  s lopes 
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Figure 14.- Buildup of calculated pitching-moment characteristics for 
the X-15  airplane at angles of attack of Oo, 8 O ,  16O, and 24'. 
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cma Figure 15.- Comparison of calculated and experimental values of 
for the X-15 airplane with the horizontal tail on and off. 
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Figure 16.- Comparison of the  ca lcu la ted  and experimental s t a t i c  margins 
f o r  t h e  X-15 a i rp l ane  with the hor i zon ta l  t a i l  on and off .  
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Figure 17.- Calculated effectiveness of the horizontal stabilizer of the 
X-15 airplane. 
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Figure 18.- Comparison of t h e  ca lcu la ted  and experimental s t a b i l i z e r  
effect iveness  of t h e  X-15 a i rp lane  fo r  incidence s e t t i n g s  of 15' 
(leading edge up) and -20° ( leading edge down) a t  var ious Mach 
numbers. 
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Figure 19.- Comparison of the  calculated and experimental s t a b i l i z e r  
c h a r a c t e r i s t i c s  f o r  t h e  X-15 airplane f o r  seve ra l  Mach numbers a t  
zero angle of a t tack .  
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Figure 21.- Buildup of the calculated damping characteristics due to 
pitching rate for the X-15 airplane at angles of attack of Oo, 
16O, and 24'. 
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Figure 22.- Buildup of the calculated damping characteristics due to 
vertical acceleration for the x-15 airplane. iT = 0’. 
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Figure 23.- Calculated damping-in-pitch der iva t ives  f o r  
t h e  X-15 a i rp lane .  
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Figure 25.- Buildup of the calculated side-force characteristics of the 
iT = Oo. X-15 airplane at angles of attack of Oo, 80, 160, and 2 4 O .  
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Figure 26.- Buildup of the calculated directional-stability character- 
istics of the X-15 airplane at angles of attack of Oo, 8O, 16O, and 
24'. iT = Oo. 
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Figure 27.- Buildup of t h e  calculated dihedral  e f f e c t  f o r  t h e  X-15 air-  
plane a t  angles of a t t a c k  of Oo, 8 O ,  16O, and 24O. iT = 0'. 
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Figure 28.- Effect  of wing-body shock f i e l d s  on l i f t  effect iveness  of 
t h e  upper and lower v e r t i c a l  t a i l s .  
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Figure 29.- Summary of the calculated s i d e s l i p  der iva t ives  for t he  X-13 
airplane with v e r t i c a l  t a i l  on and off a t  angles of a t t ack  of Oo, Bo, 
16O, and 24’. iT = 0’. 
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Figure 30.- Comparison of the  calculated and experimental side-force 
der iva t ives  f o r  t h e  X-15  airplane with t h e  v e r t i c a l  t a i l  on and o f f .  
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Figure 3 1 . -  Comparison of the calculated and experimental directional- 
stability derivatives for the X-15 airplane with the vertical tail 
on and o f f .  iT = 0'. 
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Figure 32.- Comparison of the calculated and experimental dihedral  e f f e c t  
f o r  t h e  X-15 a i rp lane  with the v e r t i c a l  t a i l  on and of f .  iT = 0'. 
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Figure 33 . -  Comparison of experimental s i d e s l i p  der iva t ives  at  Mach num- 
bers  of 4.65 and 6.86 with those ca lcu la ted  f o r  t h e  lower v e r t i c a l  
t a i l  f u l l y  and p a r t i a l l y  immersed i n  wing-body compression f i e l d .  
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Figure 34.- Buildup of t h e  calculated side-force der iva t ive  due t o  
yawing rate f o r  t h e  X-15 a i rp lane .  i T  = Oo. 
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Figure 35.- Buildup of the calculated damping-in-yaw derivative for the 
iT = 0'. x-15 airplane at angles of attack of 00, 80, 160, and 2 4 O .  
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Figure 36.- Buildup of the calculated rolling-moment derivative due to 
yawing rate for the X-15 airplane. iT = Oo. 
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Figure 37.- Summary of the ca lcu la ted  de r iva t ives  due t o  yawing rate 
f o r  the  X-15 a i rp lane  w i t h  v e r t i c a l  t a i l  on and off a t  angles of 
a t tack  of  Oo, 8 O ,  1 6 O ,  and 24'. iT = 00. . 
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Figure 38.- Comparison of t h e  calculated and experimental damping-in- 
yaw d e r i v a t i v e  for t h e  X-15 airplane with v e r t i c a l  t a i l  on and off. 
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Figure 39.- Comparison of ca lcu la ted  and experimental rolling-moment 
der ivat ive due t o  yawing r a t e  for t h e  X - 1 5  a i rp l ane  with v e r t i c a l  
t a i l  on and o f f .  
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Buildup of the  calculated side-force der ivat ive due t o  r o l l  
the  X-15 airplane a t  angles of a t tack  of 00, 8O,  160, and 
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Figure 41. - Buildup of the  ca lcu la ted  yawing-moment de r iva t ive  due t o  
r o l l  rate of t h e  X-15 a i rp l ane .  iT = 00. 
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Figure 42.- Buildup of calculated damping-in-roll der iva t ive  of a i rp l ane  
a t  angles  of a t t ack  of 00, 80, 160, and 24'. iT = 0'. 
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Figure 43. -  Summary of t h e  ca lcu la ted  de r iva t ives  due t o  r o l l  rate f o r  
the  X-15 a i rp lane  w i t h  v e r t i c a l  t a i l  on and off  a t  angles of a t t a c k  
of 00, 8O, 16O, and 24'. iT = 0'. 
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Figure 44.- Comparison of t h e  calculated and experimental yawing-moment 
der iva t ive  due t o  r o l l  r a t e  for  the X-15 a i rp lane  with v e r t i c a l  t a i l  
on and off  a t  several  Mach numbers. 
ma aam a m m m  m a  ma a m m  ma 
a m  a m  m a  a m m m  m o m  . m a  
m a  m e a  a m .  a * a  a m a m a  
0 
(a) M = 2.0. 
I C  
n, deg 
8 
0 
(b) M = 2 '5. 
(c) M = 3.0. 
0 -.1 - . 2  -.3 -.4 
(d) M = 3.5. 
Figure 45.- Comparison of the calculated and experimental damping-in- 
roll derivative for the X - 1 5  airplane w i t h  vertical t a i l  on and off 
at several Mach numbers. 
n 
' y 6 ~ ~  
per deg 
'I' 
X 
. 
"6R' 
per deg 
0 0 .  0 .  0 e.. 0 0.0 0 0  
0 0 0  0 .  e .  
0 , .  0 0  e .  
0 0 0 0  0 0 0  0 0 log 
0. 0 0 0 0.. 0 0  
.001 
0 
- 001 
0 2 4 6 8 10 12 
M 
Figure 46. - Calculated side-force, yawing-moment, and rolling-moment 
derivatives for upper and lower directional-control surfaces of the 
X-15 airplane. 
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Figure 47.- Calculated d i rec t iona l -cont ro l  de r iva t ives  f o r  
t h e  X-15 a i rp lane .  
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Figure 49.- Calculated l a t e r a l - c o n t r o l  der iva t ives  f o r  t h e  X-15 a i rp lane .  
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